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State of the art for low Earth orbit satellites navigation is the GPS. Low power navigation
systems are often based on two-line element sets provided by NORAD and transmitted by
the ground station to the satellite, in order to save energy in comparison to a full-time GPS.
A SGP4 propagator allows to predict the position for the following few days counting from
the epoch the two-line element set was created. The accuracy of the prediction diminishes
with time.
The thesis develops a Navigation Solution for NPSAT1 based on a new approach. The
necessary orbit determination, which is normally done by NORAD with high precision
laser measurements, is directly implemented in NPSAT1. The GPS receiver measures the
orbital state vector allowing to calculate a two-line element set based on the theories from
SGP4. These Orbital Elements are used to predict the position for the next orbit, until a new
orbit determination is performed. The implemented model of Earth’s magnetic field needs
the current position as input in order to provide the attitude control system with information
about the current magnetic field vector. This new approach makes the transmission of the
two-line element set from the ground station unnecessary. However, the transmission is
also possible in an emergency situation if the orbit determination on NPSAT1 fails.
The software design of the Navigation Solution is based on three different modules, the
orbit determination, the position prediction and the magnetic module. The communication
through interfaces makes the software easy to extend and to maintain. Several tests showed
that the Navigation Solution provides a precise time, position and magnetic field vector to
other programs and experiments, consuming only little energy as the GPS receiver is only
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The Global Positioning System (GPS) is part of our everyday life and GPS hardware has be-
come extremely inexpensive in recent years. Digital hardware for space systems is always
a few years behind the current standard for consumer electronics because of the necessary
testing and reliability. Nevertheless the navigation and positioning determination through
GPS has become a standard for satellites in low Earth orbits. In [1] the GPS basis for the
Navigation Solution was developed.
NPS Spacecraft Architecture and Technology demonstration satellite (NPSAT1) needs a
Navigation Solution for several reasons. The first one is to recognize deviations from the
planned orbit allowing the control system to react in a proper way. The importance of the
navigation is very high and a failure in the system could cause a loss of the whole satellite
mission. Second, it is necessary for the communication with the ground station to know,
when the satellite comes into the range of the ground antennas. In this short period of time
it is possible to communicate with NPSAT1 and perform necessary updates or receive col-
lected data. To save valuable power on a satellite, the whole communication unit is turned
off when communication is not possible as the ground station is not in the field of view.
A third reason is the attitude control system, which is based on the measurement of the
magnetic field. The measured magnetic field vector is compared to a simulated vector and
allows determining the orientation of the satellite in space compared to the Earth reference
frame. The simulation of the magnetic field needs position and time information and there-
fore it is reasonable to implement the World Magnetic Model (WMM) directly into the
Navigation Solution.
1.2 Assignment of Tasks
The objective of this thesis is to develop a Navigation Solution for NPSAT1. Previous
work by Florian Moeller evaluated a position determination based on GPS, which should
be used for orbit determination. The actual position and time, as well as the magnetic field
vector, must be provided at any time in orbit. All information should be quite accurate
and determined with a minimum of energy. The Simplified General Perturbations Model
4 (SGP4) propagator provided by the Space Systems Academic Group (SSAG) should be
used for position predictions. For space applications it is important to make the software
error robust, as changes in space are complicated. The Navigation Solution should be tested




The theoretical background which is important for the development of the Navigation So-
lution and to analyze the results of the tests are presented in this chapter.
2.1 NPSAT1
NPSAT1 is a small low cost experimentation satellite developed by the SSAG at Naval
Postgraduate School (NPS) as a follow-on of the Petite Amateur Navy Satellite (PANSAT).
NPSAT1 is mainly designed by students and research assistants to afford an opportunity to
apply their engineering skills to a space vehicle and as a platform for experimental pay-
loads. The NPS students get strong support from the faculty and academic group engineer-
ing staff who ensure quality and continuity for NPSAT1. Its Low Earth Orbit (LEO) will be
at an altitude of 720±40km with a 99min Earth orbit period. The first launch was sched-
uled for December 2006 but postponed for technical and financial reasons. The new launch
date will be in 2015. The main experiments are a lithium-ion battery, a configurable fault
tolerant processor, a digital camera and a low-power attitude control subsystem as well as
some experiments from the Naval Research Lab [2].
2.2 Global Positioning System
The GPS is a Global Navigation Satellite System (GNSS) based on 24 to 32 Medium Earth
Orbit (MEO) satellites, a control segment on the ground and the user segment. It has been
available since 1994 and since 2000 a precision of 100m for civilian GPS is available for
everyone. With the support of the military frequency L2 at 1227.60MHz, the precision can
be much higher. The system provides the user with information about the current position
and time in the three-dimensional Earth system. Appropriate receivers are cheap and easily
available. In this section only the principles and some detailed information about GPS are
presented. A more detailed description can be found in [3].
2.2.1 System Architecture
The space segment consists of 24 to 32 NAVSTAR satellites at an altitude of 20200km
which equates to an orbit period of approximately 12h. The positioning of the satellites in
space ensures a signal from at least six satellites for every possible position on the surface
of the Earth.
The control segment is based on a Master Control Station (MCS) and a backup station,
several ground antennas and monitor stations all around the globe. The control segment
monitors all GPS satellites and uploads the calculated ephemeris information. In addition,
small maneuvers are commanded to raise the orbit to the correct position.
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Today the user segment is predominant in cars as a navigation system and most people are
used to the system. Although the NovAtel receiver used on NPSAT1 is not exactly the same
as a GPS device in a car, the main concept is the same.
2.2.2 Basics
Each satellite broadcasts continuously its current position and exact time at a rate of 50 bit
per second. The GPS device receives these messages from at least four satellites and solves
a system of equations with 4 unknown variables: the three position coordinates and the
exact time. The time could also be generated by the device itself, but as atomic clocks are
expensive and need a special environment, the time is also an unknown variable. In order to
have the exact time information in the GPS device, the clocks have to be synchronized [4].
2.2.3 Accuracy and Error
There are several possible error sources in the position determination, which are listed
below.
Clocks: The atomic clocks in the satellites run with a small error and the synchronization
to the device clock produces a small bias.
Satellite Orbits: The ephemeris of the satellites is only accurate to a few meters.
Signal Speed: The signal speed is approximated with the speed of light as a constant al-
though the ionosphere and the troposphere cause a deceleration, which is the main
error in determined positions with GPS.
Multipath: The receiver picks up reflected signals, which cause a higher pseudo-range .
Satellite Geometry: If the four satellites used for the position determination are close to-
gether on orbit, it is more difficult to calculate the position as the runtimes of the
signals are nearly the same.
The resulting accuracy of a GPS determined position is about 15m in 95% of all cases for
civilian use without any improvements [5]. There are several myths about the accuracy of
the military GPS but the only reliable source states a accuracy about 5.9m in 95% of all
measurements [6]. If a higher accuracy is necessary there are several possible improve-
ments available. The most important one, which can raise the accuracy to a few centimeter,
is the Differential GPS (DGPS).
2.3 Orbital Mechanics
In the field of satellites and GPS there are several different time systems and time references
used. The definitions are shown here and the transformations can be found in [7]. The
important coordinate systems and reference frames for the Navigation Solution are also
presented.
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2.3.1 International Atomic Time
The International Atomic Time (TAI) is the averaged output of several atomic clocks spread
over the world. It is independent from Earth’s rotation and it’s the base of all other time
systems which are using the second as a time period.
2.3.2 Universal Time 1
Universal Time 1 (UT1) is the solar time based on Earth’s rotation and measured through
observations of distant quasars.
2.3.3 Coordinated Universal Time
Coordinated Universal Time (UTC) is based on the second defined by TAI and linked to
UT1 with leap seconds to keep the difference between the two times smaller than 1 second.
This is the time most humans have on their watch taking different time zones into account.
2.3.4 GPS Time
The GPS Time (GPST) was set to match UTC on 6 January 1980 and has since diverged
because of missing leap seconds. The GPST is not linked to the Earth’s rotation which
means there are no manual corrections like to the UTC. The slowing down of the Earth’s
rotation causes a current offset of 16 seconds to UTC. TAI has a constant offset of 19 sec-
onds to GPST which is shown in figure 2.1. The GPS message transmitted by the satellite
carries the information about the current offset to UTC. The format of GPST in the trans-
mitted message is based on weeks and seconds since the start in 1980. The week number
becomes zero every 1024 weeks because of the reserved 10 bits in the GPS Message. The
modernized GPST format reserves 13 bits for the week number which becomes zero every
8192 weeks. The used receiver is able to receive the modernized format.
2.3.5 Julian Date
The Julian Date (JD) is based on the number of days passed since 12h Universal Time (UT)
1 January 4713 BC in the Julian Calendar. The JD is used in the SGP4 and in the Two-Line
Element set (TLE) including a modification.
2.3.6 UNIX Time
The UNIX time, or Portable Operating System Interface (POSIX) time, is defined as the
number of seconds elapsed since 00:00:00 UTC, 1 January 1970. Leap seconds are not
counted. The main scope of application lies in the computer field as system clock. UNIX
time allows to create timestamps easily, therefore the calculation of time intervals is simple
and faster than in UTC.
4
Figure 2.1: Different Time Systems with Offset
2.3.7 Earth-Centered Inertial Coordinate System
The Earth-Centered Inertial coordinate system (ECI) is based on the Earth’s center of mass
and the North Pole. As shown in figure 2.2 the X-axis is permanently fixed in the direction
of the vernal equinox (intersection of ecliptic and Earth’s equatorial plane), the Z-axis runs
along the Earth’s rotational axis pointing to the north pole (international reference Pole)
and the Y-axis completes the right-handed orthogonal system. The coordinates are fixed in
space and are not rotating with the Earth.
2.3.8 Earth-Centered, Earth Fixed Coordinate System
The Earth-Centered, Earth-Fixed coordinate system (ECEF) defines the Z-axis in the same
way as the ECI does, although the XY-axes are rotating and stay fixed with respect to
the surface of the Earth. The X-axis intersects the surface of the Earth at ang0 latitude
(Greenwich or other definition) and 0◦ longitude (Equator).
2.3.9 Geodetic Coordinate System
The geodetic system is quite different from the other two because it uses latitude, longi-
tude and height for the position description. The system models the Earth as an ellipsoid.
The latitude describes the angle between the equator and the point along a meridian. The
longitude describes the angle between the Greenwich meridian and the point along another
5
Figure 2.2: Earth-Centered Inertial Coordinate System [8]
meridian within the equator. The height is defined above the mean sea level in connec-
tion with the used model. In GPS the World Geodetic System 1984 (WGS84) is used and
defines the meridian of zero longitude at the International Earth Rotation and Reference
Systems Service (IERS) reference meridian and not the Greenwich meridian. The WGS84
defines a coordinate system, a spheroidal reference surface and a gravitational equipoten-
tial surface. More information can be found in [9]. The WMM uses a modified geodetic
coordinate system, defining the axes along magnetic potentials [10].
2.3.10 Kepler’s Laws of Planetary Motion
Johannes Kepler published his laws of planetary motion in 1609 and 1619. As described
in [11]:
• The orbit of every planet is an ellipse with the sun at one of the two foci
• A line joining a planet and the sun sweeps out equal areas during equal intervals of
time
• The square of the orbital period of a planet is proportional to the cube of the semi-
major axis of its orbit.
Kepler’s laws, Newton’s law of gravitation and others are used for the orbit determination
and position prediction in the Navigation Solution. A total of six independent variables
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define the motion of a satellite around the Earth in Kepler’s theories. The semi-major axis
and Eccentricity (ECC) are required for the shape of the orbit. The Mean Anomaly (MA)
defines the position of the satellite within the orbit. The Right Ascension of the Ascending
Node (RAAN), Inclination (INC) and Argument of Perigee (AOP) define the position and
orientation of the orbit in space. The elements used in the TLE definition are listed below:
• Eccentricity (e)
• Inclination (i)
• Longitude of the ascending node or RAAN (Ω)
• Argument of periapsis (ω)
• Mean anomaly (M)
• Mean motion (n)
In [11] it is shown that for every given position and velocity vector only one set of Orbital
Elements exists which can be calculated. The Orbital Elements are shown in figure 2.3 to
provide the understanding of the orientation of the orbit in space. The mean anomaly is
connected to the true anomaly in the figure trough a hypothetical circular orbit. The exact
relationships are discussed in [7].









Figure 2.3: The Orbital Elements [12]
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2.3.11 Two Line Element Set
The TLE set format definition as seen in figure 2.4 contains the Orbital Elements and ad-
ditional information about the orbiter [13], as listed below. The TLE is common in the
space community, as North American Aerospace Defense Command (NORAD) publishes
current TLE sets, which are available for everyone in the internet. With a SGP4 propagator
one can determine the position of the orbiter in space for a specific time. That makes ob-
servations from the Earth for amateurs easy.
A TLE set is created by transforming the Orbital Elements to the defined unit and to the
pattern, which defines how many decimal places are used, where the decimal point is set
and where to put the exponent. At the end, the check sum is added. The satellite name and
number won’t change for the satellite so they are just copied from the old TLE. The fields
labeled in figure 2.4 are:
Name of Satellite: The name of the satellite for easier human identification.
International Designator: First two digits stand for the year of the launch, the next three
are the launch number within the year followed by a letter distinguishing different
objects from the same launch.
Epoch Year and Julian Day Fraction: First two digits are the year, the rest are the num-
ber of days past since January 1.
Ballistic Coefficient: It is defined as half of the first time derivative of the Mean Motion
(MM) in orbits/day2.
Second Derivative of Mean Motion It is defined as one sixth the second time derivative
of the MM in orbits/day3.
Drag Term: Also called radiation pressure coefficient.
Element Number and Check Sum: Indicates the version of the TLE and is a sequence
number which is incremented every time the TLE is updated.
Satellite Number: The catalog number given by United States Space Command (USSPACECOM).
A U stands for unclassified.
Inclination: The INC in degrees.
Right Ascension of the Ascending Node: The RAAN in degrees.
Eccentricity: The ECC without a unit and because only values between 0 and 1 are pos-
sible, a leading decimal point is assumed.
Argument of Perigee: The AOP in degrees.
Mean Anomaly: The MA in degrees.
Mean Motion: The MM in revolution/day.
Revolution Number: The number of revolutions since the orbiter was launched.
Check Sum: The NORAD convention is used which defines the check sum as the sum
of all digits plus 1 for every minus, modulo 10. Plus signs, letters and points are
ignored [14].
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Figure 2.4: Two Line Element Set defined by NORAD
2.4 Magnetic Field
Earth’s magnetic field is important for NPSAT1 in many different ways. The Attitude
Control System (ACS) is based on the Earth’s magnetic field, the density of the atmosphere,
which is important for the orbit prediction, is influenced by Earth’s magnetic field and
finally Earth’s magnetic field protects the satellite from sun particles and solar storms.
2.4.1 Magnetic Field Basics
A magnetic field is generated by magnetic materials or electric currents and described by a








For satellite applications the Laplace force is important, which is the magnetic component
of the Lorentz force that acts on a current-carrying wire in a magnetic field. Generally the
Lorentz force is defined as the combination of the electric and magnetic force on a charged
particle under the influence of an electromagnetic field.
Magnetic Elements
The geomagnetic field vector ~Bm is described by seven elements in the implemented WMM
described in section 4.4.1. The elements are:
X the northerly intensity
Y the easterly intensity
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Z the vertical intensity
H the horizontal intensity
F the total intensity
I the inclination angle, sometimes called dip. The angle is measured between the horizon-
tal plane and the field vector.
D the declination angle, sometimes called magnetic variation. The angle is measured
clockwise between true north and horizontal component of the field vector
In figure 2.5 the magnetic elements are displayed with the reference frame. For NPSAT1
the total intensity and the inclination angle are important, though all magnetic elements are
calculated.
Figure 2.5: The Magnetic Elements [15, p. 3]
2.4.2 Earth’s Magnetic Field
Without Earth’s magnetic field human life on Earth wouldn’t be possible. The magnetic
field protects the surface of the Earth from solar winds and solar particles. In figure 2.6 the
interaction between the solar wind and Earth’s magnetic field is illustrated. The interac-
tion takes place in approximately 65000km distance from Earth’s surface, meaning that the
orbit of NPSAT1 is inside this magnetic protection. The Earth’s core generates the dominat-
ing part of Earth’s magnetic field, accounting for over 95% of the field strength, measured
on Earth’s surface under normal conditions1. The physical origin is not completely verified
1Normal conditions mean no magnetic materials nearby and under normal solar activity
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Figure 2.6: Earth’s Magnetic Field [16]
but the most common theory, the so called dynamo theory, is based on electric currents in
the conductive material (molten iron) of Earth’s core. The necessary energy is believed to
be coming from the core itself in the form of heat. The magnetic field from the Earth’s crust
is less important for satellites in low Earth orbits, as the distance to the Earth’s surface is
about 700km for NPSAT1. Nevertheless, Earth’s crust is one reason for differences in mea-
surements on the surface of the Earth by compass devices compared to the simulated values.
Another part of Earth’s magnetic field is generated by the ionospheric dynamo region at an
altitude of 90km to 130km. The influence of these disturbances, caused by currents in the
ionosphere and magnetosphere, is different for satellites compared to the Earth’s surface as
the source is placed between the satellite orbit and Earth’s surface. In comparison to the
main magnetic core field the other parts are for most applications negligibly small.
2.4.3 Earth’s Magnetic Poles
There are two different understandings of magnetic poles, first the dip poles and second the
geomagnetic poles. The dip poles are defined as the area where the magnetic field vector
points vertical into the sky. This definition results in an oval-shaped area and its position
moves significantly from day to day. The so called geomagnetic poles are based on a
magnetic dipole model at the center of the Earth whose axis intersects the Earth’s surface
at two points. These two points can be determined with the underlying model. For easy
understanding one can imagine a huge bar magnet along the magnetic axis in the center
of the Earth as illustrated in figure 2.7. A third kind of poles are used sometimes which
are called the eccentric dipoles. More information about Earth’s magnetic field is available
in [17, p. 51].
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Figure 2.7: Earth’s Magnetic Dipoles [18]
2.5 Code Refactoring
Code refactoring is the optimization of program code without changing the external be-
havior. Nearly all programs developed by more than one person need code refactoring.
Otherwise it becomes nearly impossible or at least very time consuming to extend a pro-
gram or to find an error.
2.5.1 Motivation
The motivation behind code refactoring is to improve the nonfunctional attributes of the
software or module. The code gets easier to read, the complexity gets reduced and there-
for the maintainability gets also improved. Additionally, it becomes easier to extend the
program in the future.
2.5.2 Techniques
There are many different possible techniques for code refactoring2. The important ones
used for the navigation solution for NPSAT1 are listed below:
• Define simple interfaces for the communication between the main units of the code
(e.g. the orbit determination module, the orbit prediction module)
• Break down code into smaller pieces
• Use functions for parts of the code which are used multiple times (e.g transformations
between different time systems)
• Use meaningful identifiers
• Move functions or fields to a more appropriate part of the code
• Reduce redundant functions
• Provide meaningful comments in the code
2A list of many techniques can be found under http://refactoring.com/catalog/index.html
12
2.6 Statistics
In the analysis of the test runs several statistical values were used which are described
below.
2.6.1 Accuracy and Precision
Many people mix up the correct meaning of accuracy and precision in every day language.
The English language distinguishes clearly between accuracy and precision in the area of
statistics.
The accuracy describes the degree of closeness of measured values to the true or reference
value. The precision describes the variation of the measured values around the arithmetic
mean. The precision can be described by the standard deviation whereas the accuracy is the
difference between the arithmetic mean of the measured values and the true or reference
value.
A well known example is the calibration of a gun. The shooter needs a high precision to
achieve a small dispersion of his shots. The distance between the middle of the target and
the middle of the dispersion radius is important to the shooter as it gives the so-called point
of aim and is the accuracy.
2.6.2 Arithmetic Mean








with the measured values (xi).
2.6.3 Standard Deviation










The euclidean norm is used for the absolute distance (R) defined as
R =
√
X2 +Y 2 +Z2 (2.4)
13
and for the absolute velocity (V ) defined as
V =
√




The development and testing of the Navigation Solution for NPSAT1 was done in a labo-
ratory in a simulation environment. The different components and their purpose are delin-
eated in this chapter. First the components for ground testing and second the actual satellite
components are described.
3.1 Simulation Hardware
The hardware simulation setup had two different stages. In the first phase a Optiplex 760
Dell3 computer was used for the Navigation Solution with Windows XP as operating sys-
tem. In the second phase a microprocessor based computer with Linux4 was used for the
Navigation Solution. In both stages the GPS simulator stayed the same.
3.1.1 GPS Simulator
The Spirent5 GSS6700 Multi-GNSS simulator provides a GPS signal in the laboratory
equal to the signal received by the antenna on orbit on the L1 frequency6. It is controlled
by the SimGEN software through test scenarios which simulate time, position and speed
defined in a special .umt file. The graphical interface of the SimGEN software provides
information about the current position in several coordinate systems, the speed, available
satellites and their position on orbit, time and many other interesting data. More detailed
information can be found in [1] and [19].
3.1.2 Simulation Computer
In the first phase of the development process the Navigation Solution ran on a Dell Optiplex
760 Computer with the data listed in table 3.1. The operating system was first Microsoft7
Windows XP and later Windows 7, as Microsoft stopped the security support for Windows
XP in 2014. The development of the software was done in Visual Studio 2010, which
implements the Microsoft Visual C++ compiler in version 10.
In the second phase the computer was switched to a microprocessor based computer with
a similar hardware setup as the planned spacecraft computer. The operating system was
a Linux distribution with the g++ compiler in version 4.7.1. This compiler supports the
same libraries as the spacecraft compiler, which is used for the final software solution for
NPSAT1. The system was switched to perform computing time tests with the Navigation
3Dell Inc. in Round Rock, Texas, USA
4Linux Slackware Distribution created by Patrick Volkerding
5Spirent Communications plc, Sunnyvale, California, USA
6L1 frequency is on 1575.42MHz, L2 frequency is on 1227.60MHz
7Microsoft Corporation in Redmond, Washington, USA
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Table 3.1: Specifications Dell Optiplex 760
Mainboard Intel Q43 Express Chipset
CPU Intel Core 2 Duo E8400 @ 3.0GHz
RAM 4.0GB
Table 3.2: Specifications VIA Computer
Mainboard Via Technologies
CPU VIA Eden @ 500MHz
RAM 512MB
Solution to determine an approximation of the necessary energy per orbit. The change
in the operating system from a Windows based system to a Linux based system led to
several changes in the software. Windows specific libraries were replaced by Linux or
platform independent libraries. The serial communication was programmed in Windows
with the functions from the Windows.h standard library [20] and in Linux with the termios.h
library. The different functions and the way they work, is explained in the source codes in
comments and not in this thesis itself.
3.1.3 System Clock
The system clock is important for the analysis of the test runs and for the Navigation So-
lution itself. Therefore, some details are presented here, although all other parts of the
computer are not discussed in detail.
Linux systems are equipped with a hardware clock and a system clock. The system clock
is based on an oscillator and designed for timing. The hardware clock is based on a simple
integrated circuit and powered by a battery. If the battery is dead, the hardware clock is set
to the initial date, January 1, 1970. After turning the computer on, the hardware clock pro-
vides the system clock with the current time, which is the start value for the system clock.
The precision of the system clock is much higher than the precision of the hardware clock.
That means that a common computer is able to measure time intervals with high precision
and accuracy (±1 μs) but the clock time is measured with low accuracy (±1s) [21].
Programmers are able to implement this hardware provided clock with software libraries.
The accuracy of this software implementation is sometimes significantly worse than the
accuracy of the hardware clock. Although the C standard library does not specify an accu-
racy for the implemented system clock, the resolution is specified to one second. Higher
resolution is only available in C++.
3.2 Simulation Software
The development of the Navigation Solution included different simulated orbits for




Systems Tool Kit (STK) 9 by AGI8 is a powerful program for space applications. It was
used to create the User Motion Trajectory (UMT) file with the position and velocity data as
base for the Spirent scenario for the GPS simulator. STK 9 implements the newest SGP4
propagator from the revisiting Spacetrack Report #39. Thereby it is possible to create orbits
on the base of SGP4 mean Orbital Elements. The positions and velocities can be saved to
a UMT file with an export add on10 with a definable rate. The other values in the UMT file
represent the acceleration, the jerk (time derivative of acceleration), the angular velocity,
the angular acceleration and orbit parameters.
STK 9 was used with own TLE sets, which can be inserted in two ways. One way is to
read TLE sets from a defined file with special syntax. The easier way is to select an old
satellite from the database, add it to the scenario and update the TLE information. It can be
found under ’Properties’→’Define/Import Elements’→’Add’→’Enter Elements’ (shown
in figure 3.1). Just make sure that the epoch of the TLE set is the same as the starting time
of the scenario. Thereby the entered new TLE will be taken as source. The step size needs
to be changed to the same value as for the UMT file designated. If the internal step size
is larger than the export step size the resulting UMT file is created with the bigger one of
both.
3.2.2 Scenario
The scenario for the simulator is created on the basis of a UMT file from STK 9. The
used Orbital Elements are listed in figure 3.2. The presented values are the SGP4 mean
Orbital Elements used to calculate the position and velocity over the time with the STK 9
internal SGP4 propagator. The exported UMT file was sent to the Spirent costumer support
to create a usable scenario for the GPS simulator. The scenario updates the position every
100ms or in other words the scenario runs at 10Hz. Higher rates than 10Hz are possible
but not recommended by Spirent [24] as the file size increases fast with higher rates. The
GPS simulator can handle scenarios with a maximum of 100Hz. Former scenarios in the
development process had an update rate of 1Hz. The new scenario was required to decrease
the influence of the update rate on the orbit determination.
In the process of development and testing of the Navigation Solution several problems in
the orbit determination occurred. The calculation of the Orbital Elements and as a result,
the position prediction, had a major problem. The TLE set, or rather the Keplerian Orbital
8Analytical Graphics, Inc. (AGI), Exton, Pennsylvania, USA
9The Report itself is available under [22], under [23] it is mentioned that the CSSI algorithm was imple-




Figure 3.1: Instructions to Update TLE in STK9
Elements, are not able to describe a circular orbit as the ECC is zero and the AOP is not
defined for circular orbits. The source of the former scenario used for simulations with
NPSAT1 was not available any more. Therefore, the scenario was changed to the new
one with 10Hz and the Orbital Elements in figure 3.2. It is reasonable that many of the
former problems in the position prediction appeared as a consequence of a circular orbit in
the scenario. The GPS simulator should interpolate between the given data points to the
maximum frequency, according to the manual, but several tests showed the opposite. The
GPS simulator provides the GPS signal in the same frequency as set in the UMT file.
The simulated orbit in the scenario differs from the real orbit, which NPSAT1 will have in
space. In section 4.3.4 the difference between the true orbit and the SGP4 orbit is discussed.
3.2.3 MATLAB
MATrix LABoratory (MATLAB) is a numerical computing environment by MathWorks11.
The user interface is a fourth-generation programming language, which was used for the
analysis of the test runs. The written programs support the comparison of the position,
velocity and TLE data. The programs can be found in appendix A.
11The MathWorks, Inc. located in Natick, Massachusetts, USA
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Figure 3.2: Orbit Parameter for the Scenario
3.3 Satellite Hardware
3.3.1 GPS Receiver
The SQ-GPS-12-V1 GPS receiver used for simulation on Earth and later on used on
NPSAT1 is a product of SpaceQuest12. The receiver is composed of a GPS card build
by NovAtel13 and a GPS antenna build by Antcom14, which actually is not the antenna later
used in space but has similar technical data. More detailed information can be found in [1]
and [25].
Commands and Logs
The communication with the Novatel GPS receiver is formatted in ASCII, so it is easy to
understand the meaning of the incoming logs and the outgoing commands. However, there
is also binary and ASCI format available. The used commands are the following ones and
can be found in [26]:
SETAPPROXTIME: Set an approximate GPS time.
SETAPPROXPOS: Set an approximate position.
ECUTOFF: Set satellite elevation cutoff angle in degrees.
RESET: Perform a hardware reset.
12SpaceQuest, Ltd. located in Fairfex, Virginia, USA
13NovAtel, Inc. located in Calgary, Alberta, Canada
14Antcom Corporation located in Torrance, California, USA
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The used logs are:
BESTXYZ: Return best position and velocity available in ECEF coordinates.
TIME: Return the receiver time information.
The logs sent by the receiver are all structured the same way. The most important in-
formation in addition to the position and the time is the GPS time status which provides
information how accurate and reasonable the given position and time is. It was shown that
the calculation of the position is based on the time. Therefore, the precision of the position
is also based on the precision of the time. The possible states are:
FREEWHEELING: The position is lost, appears when the signal gets lost.
UNKNOWN: No statement is available, appears directly after power on.
COARSESTEERING: The accuracy of the time is better than ±10ms.
FINESTEERING: The accuracy of the time is better than ±1ms.
3.4 Satellite Software
The navigation of satellites is accomplished in many different ways depending on the re-
quirements of accuracy, the orbit, the available power and the maximum costs. Especially
for LEO satellites GPS navigation in combination with orbit prediction became popular
in past years. The normal procedure is that the necessary orbit determination is done by
NORAD. The orbit information is sent from the ground station to the satellite as TLE
data [27]. If a higher accuracy is required a GPS receiver is used. NPSAT1 is trying a new
way by performing the orbit determination directly in space based on GPS positions from
the receiver. Some of the other available navigation solutions are:
Inertial Navigation: The acceleration and orientation is measured and integrated over
time.
Celestial Navigation: Measures the angle to known stars or celestial objects and is also
known as Star Tracker.
Distance Measurement Navigation: The distance to a known object is measured with
radar, infrared or laser and triangulated to a position.
3.5 Signal Flow
Figure 3.3 shows signal flow of the test environment. The designated orbit for NPSAT1 is
the initial information for the simulation. With the TLE data, STK 9 creates a UMT file
with the necessary data for the scenario. The Spirent costumer support creates the actual
scenario from the UMT file. The simulation software SimGEN prepares the recorded data
from the scenario to a current position, presented in the interface and sends the data to the
GPS simulator. Via the antenna, the simulated GPS satellite data enter the receiver antenna.
After calculating the orbital state vector, the data is sent to the GPS module on the computer
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through a serial port. The GPS module calculates the Orbital Elements from the state
vector and creates the TLE. The Orbital Elements are sent to the SGP4 orbit propagator
via an interface and lead to a table containing future positions. These future positions are
compared to the positions saved in the UMT file using a small MATLAB program. The
results are presented in table and graphical form in chapter 5. The comparison of the initial
TLE set with the determined TLE set provides information about the quality of the orbit
determination. The predicted positions are the input values for the WMM module, which
calculates the magnetic field vector for the input positions. The magnetic field vector could
also be compared to the measured magnetic field vector, but the magnetometer is not ready
to use yet.
Figure 3.3: Signal Flow of the Simulation Setup
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CHAPTER 4:
Design and Implementation of Navigation Solution
The Navigation Solution for NPSAT1 is designed with a main program, the so-called Nav-
igation Software and three modules. The orbit determination module or GPS module, the
position prediction module or SGP4 module and the magnetic field module or WMM mod-
ule. The particular modules and their internal structure are presented in this chapter. Addi-
tional information is presented if it is important for understanding. The program code itself
is not explained or printed, but can be found in appendix D.
4.1 Navigation Solution as Black Box
The Navigation Software can be called by four different functions as shown in figure 4.1,
which are explained in the following section. Only the writing access to the memory or files
is shown in the figure. The program is able to write to the Log file from every module, which
is not shown. Reading access is not visible in the figure. The position prediction module
reads the Orbital Elements from the memory and the WMM module reads the position
table from the memory. The internal procedure for every function is briefly touched. The
status of the Navigation Solution is displayed by the GPS and TLE flag. The GPS flag
indicates that the GPS receiver is working properly and the TLE flag indicates that the
Orbital Elements in the memory are still valid. The possible combinations of the flags are
described in table 4.1.
Table 4.1: Possible Flag Combinations in the Navigation Solution
GPS TLE Description
true true The GPS module provides a valid position and the Orbital Elements
in memory are not older than the threshold
true false The GPS module provides a valid position but the position and mag-
netic vector table is still filled with the old data.
false true The GPS module failed but the Orbital Elements are not older than
the threshold
false false Neither the GPS module provides a position nor the Orbital Ele-
ments are valid.
4.1.1 Requirements
The requirements for the Navigation Solution are:
Provide Position Information: The position information must be available at any time,
with as high accuracy as possible.
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Figure 4.1: Design of Navigation Solution for NPSAT1
Provide Magnetic Field Information: The magnetic field vector related to the position
must be available with high accuracy at any time, as the attitude control system needs
this information.
Update Orbital Elements from GPS: Perform a GPS orbit determination and update the
Orbital Elements. The call comes from the power management to use the available
energy most effectively.
Update Orbital Elements from File: The possibility to load a TLE set manually and up-
date the Orbital Elements in memory. NORAD determines a TLE set and the ground
station sends the file to the satellite.
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4.1.2 Position and Magnetic Vector Request
The Navigation Solution has a public function, which provides the position in different
coordinate systems for a specific time. In most cases the request time is the actual mo-
ment determined by the function itself. The function searches in the position table for the
requested time and returns the associated position. The internal verification fails, if the re-
quested time is not in a valid time interval. Past dates fail as well as future dates exceeding
a certain threshold. The request fails also if the TLE flag is not set. The magnetic vector
function works similar to the position request, only the data is stored in a different table.
4.1.3 Update from GPS
Update from GPS is the function, which is used under normal conditions to update the
Orbital Elements and the tables. The Navigation Software calls the orbit determination
module to update the Orbital Elements. If a GPS position is available, the GPS flag is set
and the positions are transformed to the Orbital Elements by the reverse SGP4 algorithm
(SGP4−1) as described in section 4.2.1. The calculated Orbital Elements are stored in
memory and the TLE file is updated. In the next step the position prediction module fills the
position table with predicted positions based on the new Orbital Elements in the memory.
The size of the table and therefore the period of time for which the predicted positions
are stored, depends on the preferences in the program. The step size is also adjustable.
Currently no information about the size of the memory in space is available. Subsequently
the WMM module fills the magnetic vector table with values based on the position table.
That means that the first entry in the position table is related to the first entry in the magnetic
vector table.
4.1.4 Update from File
Update from file is an emergency function to update the Orbital Elements from the TLE
file. This is appropriate if the TLE file was updated manually from the ground. NORAD
provides TLE data for all tracked orbital objects and NPSAT1 will be tracked directly after
launch. This TLE set is used to update the TLE file on NPSAT1 manually, if the GPS
receiver fails for a longer period of time. The amount of data to be transmitted is about
150 Byte and the Navigation Solution would be able to work without the GPS receiver.
The Update from file function loads the TLE file and updates the Orbital Elements in the
memory. The GPS flag is cleared and the TLE flag is set.
4.1.5 Log-Files
The Log-Files are limited to 1KB, formatted with ASCII and of the file type *.log. They are
named with a base name called Log_File plus a number. If the file size reaches its allowed
maximum, a new file is created for the next log entry. To maximize the information of the
logged data, there is no explanation of the fields in the files itself. A detailed description
can be found in the comments in the source code.
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4.2 Orbit Determination Module
The orbit determination module or GPS module works as described in figure 4.2. The error
prevention and handling was changed to the last version described in [7]. The approximate
time and position setting caused internal errors and the benefit was low. Therefore, this pro-
cedure is not used anymore. When the serial communication was changed to the termios.h
library, parts of the error handling changed with it. These parts are not visible in the figure
as they are internal procedures of the serial communication and discussed in section 4.6.1.
4.2.1 Orbit Determination
As shown in figure 4.2 the orbit determination module tries to get 15 valid sets of Or-
bital Elements, 15 valid logs of position, velocity and time from the receiver are required
therefor. Each orbital state vector (position and velocity) is passed to the reverse SGP4
algorithm. In the figures the reverse SGP4 algorithm is symbolized with SGP4−1 although
this is mathematically not correct. The reverse SGP4 algorithm returns the SGP4 mean Or-
bital Elements for every orbital state vector. This procedure is called orbit determination,
as you calculated the orbit parameters from the state vector. The 15 sets of SGP4 mean
Orbital Elements are averaged with a simple procedure. First, all sets which have a differ-
ence in MM to the 15th element set higher than a defined threshold get sorted out. Second,
all Orbital Elements which are not time dependent are averaged over the remaining sets.
Last, all time dependent elements and the time are set from the 15th set. The MM is taken
as threshold element, as later investigations showed that the main error is an along-track
error. It is important to prove if the Orbital Element is periodic because averaging over
a 2π periodic function causes huge errors, if the values are around zero and 2π . The 2π
periodic Orbital Elements are MA, INC, RAAN and AOP.
4.2.2 Reverse SGP4 Algorithm
The orbit determination is done with a reverse SGP4 algorithm from [28]. The objective
of the orbit determination is to find the Orbital Elements (as input for the SGP4 propaga-
tor), which result in the same orbital state vector as measured by the GPS receiver. The
implemented equations can be found in [22]. A closer look at the equations shows that
there is no closed-form expression for the reverse SGP4 algorithm. One possible way to
solve the problem without an analytic solution is to do a least squares calculation with
Kepler’s Orbital Elements as initial SGP4 mean Orbital Elements. In the next step the
SGP4 propagation is done many times until the output orbital state vector is close to the
measured orbital state vector, while changing the input orbital elements slightly. For a fast
approximation the gradient of the SGP4 algorithm is needed which results in seven sin-
gle functions. As there are also seven unknown variables, the problem is solvable. The
problem is that the SGP4 algorithm contains about 50 single equations and this makes it
very complex to find the gradient. The necessary computation time without knowing the
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Figure 4.2: Orbit Determination with GPS
gradient is very high as the SGP4 algorithm has to be performed many times.15
The used reverse SGP4 algorithm calculates directly within the SGP4 procedure. This
means it implements the equations with a closed form expression directly. Only the equa-
tions which need to be solved numerically are iterated. The difference to the least square
method is that not the whole SGP4 procedure is iterated, instead only three of the 50 equa-
tions. This algorithm is implemented in the following way:
First, Kepler’s Orbital Elements are calculated as shown in [7]. These Elements are used as
initial point for the reverse SGP4 algorithm. Second, all equations with an analytic solution
are solved backwards. One of the equations, which need to be solved numerically, is the

























15Report [29] showed the computation to be unstable for LEO satellites with low eccentricity.
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The ending criteria for the iteration is the differences between the last and the current
solution. The defined threshold is 10−13. The iterative procedure for equation 4.1 works
with the update equation



















with the second gravitational zonal harmonic of the Earth (J2), the equatorial radius of the
Earth (aE) , the SGP4 INC (i0) and the SGP4 ECC (e0). The constant (c) is not changing
over the iteration. The result of this procedure is a good approximation of the SGP4 mean
Orbital Elements and called reverse SGP4 algorithm or in short form SGP4−1.
In figure 4.3 the control procedure is shown, that ensures a high quality in the resulting
SGP4 mean Orbital Elements. The objective of the reverse SGP4 is to find the Orbital
Elements which result in the actual moment to the same orbital state vector as measured
by the GPS receiver. Therefore, the control procedure uses the reverse SGP4 twice to
ensure a high quality solution. Some improvements were done in comparison to the version
from [28], for example the update equation was changed to an simplified Newtons method
which converges faster. At the end the TLE set is calculated from the resulting SGP4 mean
Orbital Elements and saved to the TLE file. The procedure is described in [7].
4.3 Position Prediction Module
The position prediction is based on Kepler’s Laws mentioned in section 2.3.10, which
provide a solution for the two-body problem. In space the satellites don’t follow these cal-
culated Kepler orbits exactly. These differences between the real orbit and the Kepler orbit
are called perturbations. This section introduces the different types of orbits, afterwards the
perturbations and at last the SGP4 propagator, which was used in the Navigation Solution.
4.3.1 Orbits
In the field of satellite positioning applications there exist three different types of orbits. It
is important to understand the difference between these three to interpret the results of the
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Figure 4.3: Control Procedure for the Orbit Determination
measurements correctly.
True Orbit
The true orbit is the real orbit in space. It is not exactly predictable or computable. The true
orbit is constructed from the instantaneous positions of the satellite. The precision of the
orbit depends on the precision of the instrument used to measure the positions. As NPSAT1
is still on the ground and not in space this orbit is completely unknown. When NPSAT1 will
be in space this orbit can be approximated closely by the on-board GPS receiver. NORAD
measures the true orbit from the ground by laser and other types of distances measurements.
The true orbit is saved as a table of positions (also called ephemeris) and there is no short
description like the Orbital Elements available.
SGP4 Orbit
This orbit is a calculated orbit with the SGP4 propagator and SGP4 mean Orbital Elements.
It is based on the theories published in [30]. SGP4 takes the influence of the Sun, the
Moon, atmospheric drag, the Earth’s shape and other perturbations into account and the
differences compared to the true orbit is part of the investigation in section 4.3.4. The
SGP4 mean Orbital Elements are saved commonly in the TLE format. It is important to
use the same propagator for the position propagation as for the determination of the SGP4
mean Orbital Elements. Otherwise huge errors must be expected.
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Kepler Orbit
Kepler orbits are calculated based on the Keplerian Orbital Elements and are the solution
for the two-body problem (satellite around its central body, the Earth). The Keplerian orbit
is only valid for that specific moment, the so-called epoch. The Keplerian orbit departs from
the true orbit as time from the epoch increases. It is also the basis for the SGP4 propagator
but doesn’t take perturbations into account. The difference, compared to the SGP4 orbit,
depends on the type of orbit but is mostly very large. For NPSAT1 the difference in the
MM is significant. The MM is, in other words, the speed of the satellite. Changes in
the speed would primarily lead to a position error along the track. This means, that the
satellite follows the same course but reaches a defined point at a different point in time.
For NPSAT1 a difference of 1% in the MM (Δn), between the Kepler Orbital Element and
the mean SGP4 Orbital Element, was recognized during some early test runs. Both were
calculated from the same orbital state vector. That means, with the Mean Motion (n)
n = 14.5revs/day⇒ Δn = 0.145revs/day
and the length (l) of one revolution, approximated as a circuit to
l = 2∗π ∗ r = 2∗π ∗ (6371km+720km) = 44554km
that the along-track difference is
Δn = 6460km/day = 446km/orbit
In other words, the position predicted using Kepler orbits, is after one orbit, 450km away
from the position predicted using SGP4 orbits.
Osculating Orbit
Osculating Orbit is another word for Kepler orbit, which is calculated from the currently
coinciding orbital state vector. It describes the theoretical two-body orbit without the in-
fluence of perturbations. This calculated Kepler orbit is a tangent to the true orbit, with
the satellite at the tangent point. If one calculates the Keplerian Orbital Elements for every
moment during one true orbit, some of the Orbital Elements would oscillate quickly and
others would remain nearly constant.
Osculating Orbits are important to understand why the position prediction using Kepler or-
bits are failing, when perturbations are not considered. In figure 4.4 the osculating Kepler
orbit and the SGP4 orbit are plotted. Both orbits are calculated based on the current orbital
state vector. The figure is not true to scale for distances or orbits as you can easily see by
the size of the Moon and the Sun, it’s just a drawing for better understanding. As the Kepler
orbit it only the solution for a two-body problem (the Earth and the satellite) the gravity
force of the Sun and the Moon is not considered in the Kepler orbit, whereas the SGP4
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orbit considers these perturbations. Thereby the SGP4 orbit gets distorted in the direction
of the sun and the moon. The Kepler orbit coincides with the current orbital state vector
and the SGP4 orbit forms a tangent with the satellite at the tangent point. In figure 4.5 the
two orbits are plotted for another position along the orbit. The satellite is now under strong
influence of the gravity force of the Sun and the Moon. In this constellation the two forces
are subtracted from Earth’s gravity force, as they point in opposite directions. Using the
equations for the two-body problem, this leads to a smaller Earth gravitation, as the Sun
and the Moon are not considered. The smaller Earth gravitation leads to a different orbit,
not considering that on the other side of the orbit, the gravity force of the Sun and Moon
points in the same direction as the Earth’s gravity force. It is easy to see that the Kepler
orbit is changing during the orbit and the SGP4 orbit remains the same16.
Figure 4.4: Influence of Perturbations to the Orbit I
4.3.2 Perturbations
An overview about the influence of perturbations compared on the distance to the center of
the Earth gives figure E.1 in the appendix. The perturbations can be distinguished by the
source of the perturbing force. The important ones are:
• Non gravitational forces
16A really helpful video is available under http://www.youtube.com/watch?v=qIVe_xEv6zQ
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Figure 4.5: Influence of Perturbations to the Orbit II
Solar Wind Pressure: Stream of charged particles (Electrons and Protons) from the
upper atmosphere of the Sun. Varies in intensity and the influence on objects in
low Earth orbits is low.
Solar Radiation Pressure: Means all emitted electromagnetic radiation from the
Sun and reflected by the Earth (also called albedo). Not relevant for small LEO
satellites under normal conditions. Intense solar storms or flares increase the
influence a lot. SGP4 is not able to consider changing intensity of the Sun.
Atmospheric Drag: Influence increases with lower orbits. The density of the atmo-
sphere is changing with time for different reasons and is not predictable with
SGP4. Atmospheric drag is the main reason for the slowing down of satellites
and their burn up in Earth’s atmosphere at the end of their mission.
Collision with other Objects: Space debris and small particles can slow down a
satellite. The influence depends clearly on the mass and speed (energy) of the
object.
Internal generated Forces: Releasing, leaking, venting or ablation of a material,
uncontrolled thrust of an engine should be avoided, as it makes a position pre-
diction impossible.
• Multiple body gravity forces
Sun: The distance varies about 5000000km and with it the gravitational influence.
Moon: The distance varies up to 50000km and a well known influence is the tide
caused by Moon’s gravitational force.
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Other Bodies: Jupiter, Venus and asteroids have a relevant gravity force on satellites
in higher orbits.
These bodies have a direct gravitation force as well as an indirect gravity influence
on the satellite. The indirect influence is caused by affecting the shape of a second
body with the gravitation force. Thereby a variation in the gravitational field of the
second body affects the satellite. A simple example is the Moon, that changes the
Earth’s gravitation field by changing the tides. The influence depends on the distance
to the body and the distance to the Earth.
• Non spherical components of the Earth
Geoid: In figure E.1 in the appendix indicated as the higher degree and order spher-
ical harmonics (Jn,m) of Earth’s gravity potential. The Earth is modeled as a
spherically symmetrical mass or a mass point in Kepler’s laws. The Earth has
in fact a more complex shape due to its daily rotation. Therefore the gravi-
tational field is also more complex. Most conspicuous is the flattening at the
Earth’s poles, which causes a force on the satellite towards the equatorial plane.
SGP4 is able to consider this perturbations up to a certain point and it is the
main perturbation for LEO satellites.
• Relativistic effects have an influence on satellites. The influence in comparison to
the other perturbations is negligible.
• Electromagnetic forces act on satellites, as Earth’s magnetic field causes ionization of
the atmosphere. The atmosphere interferes with satellite’s electromagnets and causes
torques. The density of the atmosphere is also influenced by Earth’s magnetic field.
Many of these perturbations appear in cycles but it is difficult to determine the period of all
cycles correctly. In addition, these cycles have variations and interfere with each other.
Orbit Perturbation by Geoid
The perturbation caused by the Earth’s shape (Geoid) and the complex structure of Earth’s
gravitational field is discussed in detail, as the influence is visible in later measurements.
The deviation from the expected values presented in section 5.2.3 in the two Orbital Ele-
ments, the AOP and the RAAN, are based on perturbations. The two main reasons for the
drift are the nodal precession and the apsidal rotation. These two effects are based on com-
plex celestial mechanics and are presented in simplified form. The derivation and detailed
discussion can be found in [31].
Both effects are based on a gravity force which acts on a satellite, as the Earth has a 22km
larger equatorial radius than polar radius. This shape leads to a higher gravity force on
the satellite towards the equatorial plane than towards the polar plane. As both bodies are
moving the effect is similar as in a gyroscope.
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Nodal Precession
Nodal precession is the movement of the orbit around the rotation axis of the Earth, as a
result of the movement of the orbit plane towards the equatorial plane. It is caused by the
non-spherical nature of the spinning Earth17, leading to a non-uniform gravitational field.




(a(1− e2))2 J2ω cos i (4.7)
with the semi-major axis (a), the eccentricity (e), the inclination (i) and the angular fre-












which means that the RAAN decreases 6◦ in a day, although Kepler’s Law’s estimate a
constant value. In figure 4.6 the effect is displayed 20 times exaggerated. The movement of
the orbit is pointed out as is the change of the RAAN (ΔΩ). Nodal Regression doesn’t affect
polar orbits, as the additional force pulling towards the equatorial plane is perpendicular to
the Earth’s surface and pulls to the center of the Earth on polar orbits. If this effect is called
regression or progression depends on the algebraic sign of the rate of change. In NPSAT1’s
case it’s called nodal regression.
Apsidal Rotation
Apsidal rotation is the movement of the apogee and the perigee towards the equatorial
plane. As the AOP is measured from the line of apsides (the line between apogee and
perigee), it is changing over time due to apsidal rotation. The gravity field of the Earth
generates a different momentum, pulling the apsides to the equatorial plane. There are two
critical inclinations of 63.4◦ and 116.6◦ to avoid apsidal rotation. The Molniya orbits use
an inclination of 63.4◦ to spend as much time as possible over the northern hemisphere.







17In detail the second dynamic form factor J2 is the main influence
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Figure 4.6: Nodal Precession [31, p. 591]











ω˙ = 10.84 degree/day
This means that the AOP increases about 11◦ a day. In figure 4.7 the effect is displayed by
increasing the effect by a factor of 40. A polar orbit was used to avoid nodal precession.
The moving of the apogee and perigee over just a few orbits is significant. The change of
the AOP (Δω) is clearly evident.
4.3.3 Simplified Perturbation Models
In order to model the perturbations described, there are five different simplified perturbation
models available. More complex models are used on the ground for orbit determination.
These models lead to high accuracy for position prediction and are based on the integration
of acting forces on the satellite over time. The five simplified perturbation models are
the SGP, SGP4, SGP8, SDP4 and SDP8. The first three are for low Earth orbits with an
orbital period lower than 225 minutes and the last two are for higher orbits. For NPSAT1
the SGP4 is used for modeling perturbations. SGP4 is a general perturbations propagator,
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Figure 4.7: Apsidal Rotation [31, p. 593]
which solves differential equations of motion analytically. Special perturbations propagator
use numerical integration of the acting forces on the satellite for solving the equations of
motion.
SGP4 Implementation
The SGP4 propagator implemented in the Navigation Solution for NPSAT1 uses Kepler’s
Laws and the main perturbations for the position prediction. The propagation is based on
the theories from [30]. The input is a set of TLE and a time. The output is a position vector
in ECI coordinates for the specified time. In 1988 the SGP4 model was published the first
time with a sample FORTRAN code. Several improvements have been made to the code
used by the SSAG. However, there are newer versions available in the space community.
A comparison of the different versions of the SGP4 can be found in [32]. The SGP4 source
code is written in C and comes as a package. The code is a translation of a FORTRAN
program made by Jim Horning at the SSAG. Some parts of the code were changed for
incorporation into the Navigation Solution, not affecting the functionality. It is important
to understand that the input TLE do not contain the Kepler Orbital Elements, they contain
the SGP4 mean Orbital Elements instead. If one wants to calculate a set of TLE from an
orbital state vector, it is not enough to use Kepler’s Laws. The reverse SGP4 as described
in section 4.2.2 must be used.
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4.3.4 Accuracy of SGP4 Propagator
The position prediction and therefore, the Navigation Solution for NPSAT1 is based on the
SGP4 propagator. One major questions is, how precise the Navigation Solution will work
on orbit. In other words, how far off is the predicted position from the actual position.
Therefore, an investigation about the accuracy of the SGP4 propagator is necessary, which
compares the true orbit of an object to the SGP4 calculated orbit.
SGP4 Accuracy in the Literature
First of all, it is not easy to make a well-grounded statement about the accuracy of the SGP4
propagator. There are few investigations on this question and they deal all with different
problems.
Report [32] compares TLE-created SGP4 positions with SATRAK18 positions. For three
geostationary objects (GEO) the result is an error around a few meters per day. The data
from SATRAK is not described in detail. In the second part of the report, Poly Sat 3(CP3),
a LEO cube satellite, is investigated showing a result of about 1km difference between the
SGP4 prediction and the SATRAK data over a two-day period. Poly Sat 3 has a similar
orbit period as NPSAT1. Investigation of the International Space Station (ISS) data shows
an error of 33km in 5 days and 3041km for 22 days. The higher error for the ISS can
be explained by the lower altitude (around 300km), the higher mass and the bigger drag
surface. The Investigation of a 775km altitude piece of a broken satellite accumulates an
error of 41km in 8 days and 470km in 31 days. The conclusion is to use SGP4 predictions
only with TLE data not older than 1 day in LEO.
Report [33] compares SGP4 predictions with Precise Orbit Ephemeris (POE) from the in-
ternational Satellite Laser Ranging (SLR) and comes to the conclusion that for LEO the
error is, worst case, 1.5km/day. After 30 days the error is less than 50km. The average is
about 15km over all subject objects (not all are LEO objects). One object shows an error
about 25km after 5 days whereas another satellite has the same error after 10 days. Both
objects have the same altitude but a different inclination. In conclusion, the report gives
3km/day as accuracy for the SGP4 propagator with TLE. Laser ranging is used for true
position determination with an accuracy of 0.1m.
Most online resources point to [22] concerning the question of accuracy of the SGP4 prop-
agator. The report itself references a not accessible report [34] with the statement, that the
accuracy of SGP4 predictions is in the kilometer range.
In [35] the accuracy of TLE was investigated with the result that errors occur in the process
of the TLE determination. Depending on the various sources, these errors are up to 30km
on the first day. This investigation faces the problem that the TLE data must be created
using the same theory (e.g. SGP4), which is used for the position prediction. This problem
gets worse since many different SGP4 versions are available on the internet. In report [36]
18SATRAK UK Ltd, Scarcroft, UK
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from the same author an investigation for Cosmos 1766 (altitude 560km and inclination
82.5◦) was made for a two-day old TLE set. The predicted position was in a window of
5km×10km around the observed position. The report [37] shows similar results for Geo-
stationary Orbit (GEO) satellites.
To sum up the literature research, there are two main problems. The relationship between
the time and the prediction error is not verifiable in linear or quadratic form and nearly
every report determines a different accuracy. For some objects in special orbits, a linear
function fits well, for others not at all (e.g. the ISS). Second, the influence of the weight,
the size and the orbit parameters (altitude and inclination) are not clearly determinable.
Therefore, a special investigation using orbits close to that of NPSAT1 was carried out.
Investigation of Similar Orbit Objects as NPSAT1
In table 4.2, objects with a similar orbit as NPSAT1 are presented. They have all an INC
between 24◦ and 25◦ and an orbit period between 99min and 101min. The orbit period is
directly connected with the velocity and with the altitude through the ECC.
The idea of this investigation is to determine the rate of change in the TLE data given by
http://www.SpaceTrack.org. This allows drawing conclusions concerning changes in
orbit over time. TLE sets on the website are updated every few days, depending on the
difference compared to the last TLE set. All the probable error sources in generating TLE
sets should be avoided as the changes and not the absolute values are investigated. The start
date was 01/01/2014 and the end date was 01/08/2014. The published TLE sets are based
on different distance measurements, for example laser and radar. The procedure used for
the investigation was the following:
1. Take the oldest TLE set within the time span and predict the position for the next 7
days (in 1 minute steps) with SGP4.
2. Take the updated TLE sets and predict the positions for the epoch of the set plus 2
minutes (in 1 second steps) with SGP4.
3. Calculate the difference in the position between the position from 1. and 2.
4. Display the results.
Table 4.2: Investigated Orbit Objects
NORAD Perigee [km] Apogee [km] Period [min] Inclination [◦] Eccentricity
20763 465 1058 100.1 24.76 0.041546
22489 719 778 99.8 24.96 0.004167
22490 718 780 99.8 24.97 0.004321
22491 688 758 99.3 24.98 0.004902
25504 738 763 99.8 25 0.001750
25506 727 760 99.7 25 0.002325
25791 747 762 99.9 24.98 0.001025
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Table 4.3: Results of 4 Objects
NORAD Time [hour] R [km] ΔR [km]
20763 61.6 0.5 0.6
90.1 1.7 0.6
133.2 10.8 1.8
22489 36.8 0.4 0.6
67.0 4.7 4.9
91.9 5.0 4.9
22490 85.3 1.2 1.8
113.8 1.4 0.6
156.7 0.4 0.6
22491 61.4 0.5 0.0
86.2 1.7 1.8
125.3 3.8 2.4
In table 4.3, the calculation results of four objects are presented. The rest of the results
can be found in appendix B. The presented results are chosen by the biggest position dif-
ference. The second column shows the time in hours from the first prediction. The third
column shows the absolute distance (R) to the first predicted position. ΔR is the uncertainty
in the distance due to time rounding to full seconds. This uncertainty is calculated from the
difference between the time stamp and the rounded time stamp. This difference is multi-
plied by the velocity of the orbiter approximated as 7kms−1. Object 20763 has probably a
higher difference due to the higher ECC, which is also 100 times higher than the ECC of
NPSAT1’s orbit.
The conclusion of the investigation is that the published TLE data19 lead to position differ-
ences smaller than 15km in 5 days. As the relation between the error and the time period is
not clearly linear, it is not reasonable to determine an error-per-day value from this result.
The chosen orbits are similar to the orbit of NPSAT1 but as the experiment used only a
control sample, it is not guaranteed that this conclusion applies to every orbit or position in
the orbits. The literature provides higher error values or in an analog range. The investi-
gation ended at this point as the Navigation Solution is fine with an accuracy about 30km,
which would even be reached with five day old TLE data.
Summary
To sum up, there are so many error sources that it is not possible to give a precise number
for the accuracy of the position prediction. For the orbit of NPSAT1 it was shown that
the prediction error will be less than 30km in a 5 day period under normal conditions20.
19from http://www.space-track.org
20Sun storms, collision with orbit objects or maneuvers to maintain the orbit are not predictable and not
part of the position prediction
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The whole Navigation Solution consumes only a small amount of the available energy on
NPSAT1, therefore the orbit determination and the position prediction is performed every
orbit.
4.3.5 Outlook
The Navigation Solution implements an old version of the SGP4 algorithm. In order to
raise the accuracy a newer version could be implemented. It is available in C++ and was
published with the basic theory and well documented in [22]. A reverse SGP4 algorithm,
which could be used for the orbit determination, was published by the same author. Thereby
the algorithm for the position prediction and for the orbit determination would be provided
from the same source, avoiding possible problems. The implementation of the orbit de-
termination algorithm would probably need additional work, as there are many different
parameters to set, for a fast orbit determination.
In report [27], a combined method with NORAD-provided TLEs and GPS-provided cor-
rections is suggested, in order to raise the accuracy of the position prediction. For NPSAT1
this would also be possible and a good alternative if the orbit determination should fail.
Another possibility to optimize the position prediction is to make the time interval between
orbit determinations adaptive. At the beginning of the mission, the GPS receiver is used
every orbit to determine the orbit and the position error of the last prediction. When the
position difference between the predicted position and the GPS-measured position is big-
ger than 30km, the number of past orbits since the prediction is saved. This number is the
validation period for the saved Orbital Elements and, therefore, for the position prediction.
After the validation period has passed, the orbit determination with GPS is performed. The
measured position is compared to the last prediction and if the difference is bigger than
30km, the validation period is decremented by one orbit. If the difference is smaller than
25km, the validation period is incremented by one orbit. This procedure uses a really small
amount of energy. One disadvantage is that a Sun storm or other unpredictable perturba-
tions would cause big troubles, as the orbit prediction is valid for a long period of time.
Especially a Sun storm, which is affecting the GPS as well as the satellite motion, could
cause big troubles.
4.4 World Magnetic Model Module
The attitude control system for NPSAT1 needs the modeled magnetic field vector to control
the orientation of the satellite in space. Basically the actual magnetic field vector is mea-
sured and compared to the modeled magnetic field vector. The model of the magnetic field
is implemented in the Navigation Solution, as the magnetic field vector is directly related
to the position. For NPSAT1 the WMM was chosen, which is described in the following
section. First the model itself is described and then the implementation.
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4.4.1 World Magnetic Model
The WMM is the model for Earth’s magnetic field and the standard model of the United
States Department of Defense (DoD), the North Atlantic Treaty Organization (NATO) and
many civilian companies and institutions. It is based on spherical harmonics, which de-
scribe the magnetic potential. The harmonics are described by Gaussian coefficients to the
order and degree of 12. The model comes with stand-alone software, a code library and
documentation. The 168 coefficients are updated in five year cycles and the current coef-
ficients are valid until the end of 2014. The model should not be used for altitudes higher
than 850km, although a value is actually calculated by the program. The used magnetic
elements and their range in the model are listed in table F.1 in appendix. For the orbit of
NPSAT1 with the data listed in figure 3.2 the total Intensity (F) changes over one orbit as
shown in figure 4.8.
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Figure 4.8: Total Magnetic Intensity (F) during one Orbit
Accuracy of WMM
The WMM was developed under the requirements of the military specification MIL-W-
89500, which allow a global Root Mean Square (RMS) difference at sea level of 280nT in
total intensity for a measured value. These requirements were reached easily and the model
is quite a bit more accurate. The previous model for the years from 2005 to 2010 had a
maximum RMS difference of 0.36%. Nevertheless, it is possible that bigger differences
will occur in the future as activities within the Earth’s core are not precisely predictable.
These accuracy specifications are valid if all Gaussian coefficients are used. In order to
reduce the amount of computation time, it is possible to use the WMM with a lower order
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and degree of coefficients. In table 4.4 the loss of accuracy compared to the full model is
displayed.
Table 4.4: Accuracy of WMM with Reduced Order and Degree [38]






The basis for the WMM for 2010 to 2015 are data from the German CHAllenging Min-
isatellite Payload (CHAMP) and other LEO satellites. These satellites measured the mag-
netic components precisely for many positions around the Earth. This data collected from
the satellites allows estimating Earth’s magnetic core field. The altitude of the CHAMP
satellites attenuates the influence of the Earth’s crust, of the ionosphere and of the magne-
tosphere and thereby the core field is measured precisely. Additional data is provided by
ground observatories which are mainly used for time variations of the geomagnetic field.
Using complex calculations the collected data is interpolated and extrapolated to a complete
model.
Calculation Basics
The magnetic field vector ~B is given by
~B(~r, t) = ~Bm(~r, t)+~Bl(~r, t)+~Bc(~r, t) (4.11)
with the influence of the Earth’s crust and upper mantle regions (~Bl), the magnetic field
generated by ionospheric and magnetospheric electric currents (~Bc) and the magnetic field
generated by Earth’s outer core (~Bm). The position in space (~r) is defined with the longitude
(λ ), latitude (φ ′) and distance from the center of the Earth (r).
The main part of the magnetic field is generated from Earth’s core defined as
~Bm(λ ,φ ′,r, t) =−∇V (λ ,φ ′,r, t) (4.12)
The potential (V ) is described in the WMM with spherical harmonics as










(gmn (t)cosmλ +hmn (t)sinmλ ) ˘Pmn (sinφ ′) (4.13)
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Pmn (μ) if m > 0 (4.14)
˘Pmn (μ) = Pmn (μ) if m = 0 (4.15)
with
μ = sinφ ′ (4.16)
The Gaussian coefficients (gmn and hmn ) are calculated using equation 4.23. The Legen-
dre functions can be found in [39] and the geomagnetic reference radius (a) is defined as
6371200m.
Calculation of the Magnetic Components
The WMM calculates the magnetic field components using the following procedure. The
first step is to transform the given geodetic coordinates into spherical geocentric coordinates
in the magnetic field reference frame. The spherical geocentric coordinates (λ ,φ ′,r) are
calculated from the geodetic coordinates (λ ,φ ,h) where the longitude (λ ) is the same in
both systems.
The spherical geocentric latitude (φ ′) is calculated as




z = (Rc(1− e2)+h)sinφ (4.18)
p = (Rc +h)cosφ (4.19)
Rc =
A√
1− e2 sin2 φ
(4.20)
e2 = f (2− f ) (4.21)
The radius from Earth’s center (r) is calculated as
r =
√
p2 + z2 (4.22)
with the reciprocal flattening ( 1f ), the semi-major axis (A), the eccentricity (e) and the radius
of curvature in the prime vertical (Rc) from WGS84.
42
In the second step, the time dependent Gaussian coefficients are calculated as




n (t0)(t− t0) for t0 ≤ t ≤ t0 +5 (4.23)
hmn (t) = hmn (t0)+ ˙hmn (t0)(t− t0) for t0 ≤ t ≤ t0 +5 (4.24)
with the main field coefficients (gmn (t0), hmn (t0)) and the secular variation coefficients
(g˙mn (t0), ˙hmn (t0)). The time t must be in decimal years. These coefficients are provided
by the WMM.
In the third step, the main computation of the magnetic field vector components is accom-
plished. The northerly intensity (X) in geocentric coordinates is calculated by












(gmn (t)cosmλ +hmn (t)sinmλ )
d ˘Pmn (sinφ ′)
dφ ′ (4.26)
The easterly intensity (Y ) in geocentric coordinates is calculated by














m(gmn (t)sinmλ −hmn (t)cosmλ ) ˘Pmn (sinφ ′) (4.28)
The vertical intensity (Z) in geocentric coordinates is calculated by










(gmn (t)cosmλ +hmn (t)sinmλ ) ˘Pmn (sinφ ′) (4.30)
In the fourth step, the vector components (X ′,Y ′,Z′) are transformed into the ellipsoidal
reference frame (X ,Y,Z).
X = X ′ cos(φ ′ −φ)−Z′ sin(φ ′ −φ) (4.31)
Y = Y ′ (4.32)
Z = X ′ sin(φ ′ −φ)−Z′ cos(φ ′ −φ) (4.33)
In the last step, the magnetic elements (H,F, I,D) are calculated from the magnetic vector
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components (X ,Y,Z) as
H =
√




I = arctan(Z,H) (4.36)
D = arctan(Y,X) (4.37)
These resulting elements are the magnetic intensities at the input position to the input time.
More detailed information can be found in [15].
4.4.2 WMM Implementation
The implementation of the WMM in the Navigation Solution is possible in two different
ways. The first one implements the calculation model directly in the Navigation Solution.
The second one is based on a table saved on NPSAT1 with values calculated by the ground
station. The second procedure needs less computing time and therefore less energy in
space. A grid over all possible future orbits would be necessary to provide NPSAT1 with
accurate magnetic field values. The direct implementation of the calculation on NPSAT1
was chosen for the following reasons:
• The WMM coefficients will be updated in 2015 and with the calculation onboard,
only the coefficient file needs to be replaced and not the whole table.
• The computation time is variable by decreasing the number of used coefficients for
the WMM and by increasing the step size.
• Earth’s magnetic field alters over time, leading to a necessary update of the table
every year or more often, depending on the desired accuracy.
• A possible update of the magnetic vector file would need a high amount of data traffic
trough the communication system. Big file sizes are always a problem for satellite
communication, as the satellite is only a few minutes at a time in the field of view for
the ground station.
The WMM is provided as a complete package by [15]. The C source code was imple-
mented using libraries. Some improvements on the libraries were made to reduce the file
size. Changes to insert the distance from the center of the Earth directly, made eliminating
of the correction values for WGS84 possible, which saved around 10 MB of data. The
functionality of the model was not affected. Additional changes were made for the imple-
mentation and are explained in the comments of the source code.
Basically the determination of the magnetic field vector works in the following way. The
WMM module gets the geodetic longitude and latitude, the distance from the center of the
Earth and the time in decimal years as input variables. The output variables are the mag-
netic elements as described in section 2.4.1 for the requested time and position.
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4.4.3 Singularities at the Magnetic Poles
The WMM is for mathematical issues not able to calculate any values at the magnetic
poles. Therefore the Navigation Solution refuses the request of magnetic elements when
the current position is close to the magnetic poles. Under normal conditions NPSAT1
should have no contact with these pole regions because of the planned inclination of 24◦.
4.4.4 International Geomagnetic Reference Field
The International Geomagnetic Reference Field (IGRF) is an alternative model of Earth’s
magnetic field and the newest release is version 1121. It is provided by the International
Association of Geomagnetism and Aerononmy. As the WMM is provided by the British
Geological Survey and used by many governments, the WMM was chosen for the imple-
mentation on NPSAT1.
4.4.5 Outlook
The magnetic field model is implement with the highest available accuracy. The precision
is lowered due to limited computational power. In 2015 the coefficient file needs to be
replaced.
4.5 Time Management
Time management on the satellite is important, as it is used for all implemented modules.
A closer look is necessary to understand a possible error in the position determination due
to the system clock mentioned in section 3.1.3.
4.5.1 Relevance of the System Clock
The system clock is involved in the position determination in the following way. The
predicted positions are stored in a table, together with the moment in time they are valid
for. When the position is requested for the actual moment in time, the system clock time is
compared to this table. As the system clock has a resolution of 1s, the stored moment in
the table is rounded down to a full second. That means, the taken position is not valid for
the requested moment, but for a moment close (under 1s) to it.
The predicted positions have a step size of 1s in time. The first predicted position is for the
moment of the calculated Orbital Elements, the so-called epoch. That means, the precision
of the position prediction depends on the moment in time, where the Orbital Elements are
determined. If this epoch is close to a full second, the position prediction is fine but when
the epoch is not close to a full second, the position prediction gets worse.
The system clock itself gets an update every time the position is determined by the GPS
21The main reference can be found under http://www.ngdc.noaa.gov/IAGA/vmod/igrf.html
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receiver. This update is implemented with a simple set time command. A delay between
sending the time from the receiver and the actual time setting in the system clock can’t
be avoided. The time delay between reading the current time and returning the associated
position also causes a loss of accuracy in the position prediction. However, the system clock
is measured in seconds and the execution of the necessary commands is in the microsecond
range.
To sum up, the current time management is not able to determine the time with a higher
precision than 1s. This means, that the system clock leads to a maximum uncertainty of
the predicted position about 7km. This conclusion is important for the analysis of the live
time scenario, as the system clock was used for the time management.
4.5.2 Room for Improvement
The time setting command used was not designed for precise setting of the system clock.
The common procedure for obtaining precise clocks is a synchronization between a high
precision clock and the target clock. This is also possible with the system clock and the GPS
receiver by using an additional synchronization pin on the serial port. With this procedure
the delay of the system clock would be negligible. The resolution of the system clock,
causing the majority of the uncertainty, could be raised to 1ms with a platform specific
solution in C++.
4.6 Error Handling and Prevention
The Navigation Solution has to deal with several possible errors. Two of these errors are
listed below and discussed.
4.6.1 Receiver does not Respond
If the GPS receiver does not respond, it may have no power, may have some internal failure
or may not be connected. The GPS module tries to communicate but fails. The timeout
value in the serial communication is the time span, during which the computer tries to
contact the receiver. In the current version it is set to 5s. After this time span has passed,
the GPS module clears the GPS flag and exits. The position prediction is done with the old
Orbital Elements from memory, if they are still valid. It is up to the Command and Data
Handling (C&DH) software to solve the receiver problem and to request the update from
GPS function again.
4.6.2 Internal Ephemeris Receiver Error
This error occurred during testing of the Navigation Solution quite often, but has been
fixed in the newest version of the Navigation Solution. Nevertheless, a detailed description
is given in the following to help solve the problem if it appears again.
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Description
The receiver sends the message
< E r r o r : SCAF_Assert , g p s e p h e m c o l l e c t o r . cpp , 189 >
irrespective of the former send logging command. The receiver waits until a new logging
command is sent. The position and time from the last Log is deleted and the receiver
restarts the search for the position and time with the new logging command. The function
for reading the serial port communication reports that zero characters were read, although
the reading buffer is filled with the error message.
Incidence
Different configurations were tested to reproduce the error. The first time it occurred was
after the following scenario:
The receiver was running a few minutes with a FINESTEERING log. The receiver was
powered off for 10s and then turned on again. The approximate time and the cutoff angle
command was sent. The logging was started and the receiver reported the approximate
time as expected. Next, the receiver switched to an COARSESTEERING time. After a few
logs, the receiver reported the error message and stopped logging. The manufacturer was
contacted because the error message reports problems in the firmware and the source code
of the firmware is not available to the SSAG. The manufacturer suggested the following
logging commands to determine the reason for the error.
LOG TRACKSTAT, LOG SATVIS , LOG RANGE, LOG VERSION , LOG RXCONFIG
It was found that the error appears only when an approximate time was set. Especially
a difference between the GPS received time and the time set by the approximate time
command forced the error. In the log files in appendix G the set approximate time is more
than a second away from the received GPS time. It seems reasonable that a difference
between the approximate time and the first received GPS time causes the error. This would
also explain why the error does not always occur, as the difference must be greater than a
certain threshold.
Handling
The implemented error handler detects the zero read characters and searches in the buffer
for the word Error. The error message is copied to the log file and the receiver is initialized
again. Later it was found that there is no need for the new initialization. The receiver just
needs to get a new logging command to start logging again.
Conclusion
The first versions of the Navigation Solution had no error handling. If zero characters were
read, the software just tried to get a new log, thereby the error was never detected. It is
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reasonable to assume that the problems in [1, p. 56] were caused by this ephemeris error
but were not detected. In later versions of the Navigation Solution, the implemented error
handler was able to detect and eliminate errors. In the newest version of the Navigation
Solution the approximate time and position setting was removed, as it was decided to keep
things simple, accepting a degradation in performance. The newest version needs around
15% more time for orbit determination. This is negligible compared to the time necessary
to detect and handle the ephermis error correctly.
4.6.3 Refactoring of Navigation Solution
For the Navigation Solution of NPSAT1 it was necessary to use refactoring as the pro-
gram code was written by many different people and, therefore, in different programming
styles22. Many functions, especially coordinate transformations and time system trans-
formations, were implemented multiple times and based on different equations. Many
identifiers were not meaningful or used multiple times. The code refactoring has no direct
influence on the programs behavior and is not explained in detail in the thesis. Neverthe-
less, it will support possible future extensions or further development of the Navigation
Solution.
22Depending on the century when the programmer started, some prefer a object-orientated style others a




This chapter describes the testing of the Navigation Solution in the simulation environment.
The official term would be Software in the Loop (SIL) and is part of rapid prototyping.
5.1 Two Hour Simulation
The two hour simulation was the first step in the testing of the Navigation Solution.
5.1.1 Purpose
The navigation solution for NPSAT1 needs to be tested with all components in the simula-
tion environment before the program will be tested on the spacecraft computer. The main
testing variable is the difference between the predicted positions and simulated positions.
The aim is to verify the positioning prediction, based on the orbit determination with the
reverse SGP4 algorithm from the GPS measured orbital state vector.
5.1.2 Setup
The Navigation Solution was tested in the simulation environment as mentioned in chap-
ter 3. For a better analysis of the experiment and an easier understanding of possible
anomalies several variables were logged. The reference position and velocity was taken
from scenario. They can be found in the UMT file in ECEF coordinates. The position
and velocity received by the receiver was logged in ECEF Coordinates and the transformed
vectors in ECI coordinates were also logged. The initial SGP4 Orbital Elements were taken
from the STK 9 scenario used for creating the scenario for the GPS simulator. The result-
ing Keplerian and SGP4 Orbital Elements from the orbit determination were also logged.
The position prediction was done with the SGP4 Orbital Elements. The position prediction
based on the Keplerian Orbital Elements were omitted as former experiments had shown
that the resulting position error depends highly on the current position in orbit, when the
elements are calculated. For all logged data a time stamp was added. The analysis was
done with MATLAB23. The used MATLAB scripts are available in appendix A.
5.1.3 Results
The logged position data each have about 6000 entries, therefore, they are not printed and
are only available on the Compact Disc (CD). The important results are presented here
in graphical form. The graphics are mostly line graphs connecting every point measured.
First, the Orbital Elements used as a basis for the propagation are shown and discussed and
23MATLAB by The MathWorks,Inc. Natick, Massachusetts, USA
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second, the resulting orbits. The predicted positions were transformed into ECEF coordi-
nates to compare them with the data from the UMT file. The used MATLAB transforma-
tion was compared to the transformation from the Navigation Solution and no identifiable
difference was detected. Additionally, the measured GPS positions and velocities were
compared to the positions and velocities in the simulation file.
GPS Position and Velocity
In figure 5.1 and figure 5.2, the difference between the measured position from the GPS
receiver and the position data from the UMT file is displayed. The graphs were changed to
point graphs. In table 5.1 and table 5.2 the arithmetic mean and the standard deviation of
the difference in position and velocity are presented. There are two main observations to
be made concerning the results. First, the velocity is measured with higher precision and
higher accuracy than the position. This can be easily seen in the graphic displays or in the
tables showing smaller arithmetic means and smaller standard deviations of the differences.
The observed velocity measurement problems in [1, p. 66] were not repeatable. Second, the
maximum error in the determination of the velocity is 0.2ms−1 and of the position 25m.
In most of the cases the accuracy is actually far better. After 3000s, some values were
measured which caused the biggest errors. This anomaly is also evident in some Orbital
Elements.
Table 5.1: Arithmetic Mean and Standard Deviation for GPS Position 2h
ΔX ΔY ΔZ ΔR
Arithmetic Mean [m] 0.24 -0.77 0.16 8.78
Standard Deviation [m] 6.63 5.26 2.83 1.75
Table 5.2: Arithmetic Mean and Standard Deviation for GPS Velocity 2h
ΔVX ΔVY ΔVZ ΔVR
Arithmetic Mean [ms−1] 0.01 0.01 0.03 0.05
Standard Deviation [ms−1] 0.03 0.02 0.03 0.03
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Figure 5.1: XYZ Difference to GPS Measured Position 2h Simulation














Figure 5.2: Absolute Difference to GPS Measured Position 2h Simulation
Orbital Elements
The green line, showing the arithmetic mean, was calculated using equation 2.2 and the
red line represents the initial SGP4 Orbital Element from the STK 9 scenario. As the MA
can be understood as a position within the determined orbit and is increasing from 0 to 360
degrees in one orbit, no lines were added to the figure. The red and green lines are not
printed at times where no measurement was taken. On the abscissa the time is plotted as
it was measured in the experiment. In the description and analysis the time is sometimes
expressed in orbits. One orbit corresponds to 99min or 5940s.
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Figure 5.3: XYZ Difference to GPS Measured Velocity 2h Simulation


















Figure 5.4: Absolute Difference to GPS Measured Velocity 2h Simulation
Argument of Perigee: In figure 5.5, the AOP is plotted over time. The upper line graph,
representing the Keplerian AOP, is oscillating one cycle during the orbit. The lower graph
shows a rising curve over the orbit and higher fluctuation around an imaginary best-fit curve
in comparison to the upper graph. The arithmetic mean of the SGP4 AOP deviates about
0.5◦ from the initial AOP.
Eccentricity: In figure 5.6, the ECC is plotted over time. The Keplerian ECC is oscillating
one time during the orbit and the arithmetic mean is close to the initial SGP4 ECC. It would
probably be the exact same value if exactly one orbit had been taken for the measurement.
Therefore, it would be possible to calculate the SGP4 ECC, without the reverse SGP4
algorithm, by averaging the Keplerian ECC during one complete orbit. The reverse SGP4
algorithm calculates the initial SGP4 ECC with a maximum error of 0.8%, most times with
an even higher accuracy.
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Figure 5.5: Argument of Perigee 2h Simulation
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Figure 5.6: Eccentricity 2h Simulation
Inclination: In figure 5.7, the INC is plotted over time. The Keplerian INC has a sinusoidal
form with two periods in one orbit with a maximum error of 0.02◦. The SGP4 INC is also
oscillating but not as pronounced as the Keplerian INC. The maximum difference compared
to the initial SGP4 INC is less than 0.0005◦. As the Keplerian INC arithmetic mean is also
close to the initial SGP4 one, it is probably possible to determine the initial SGP4 INC by
averaging over one half orbit avoiding the use of the reverse SGP4 algorithm.
Mean Motion: In figure 5.8, the MM is plotted over time. The Keplerian MM has a si-
nusoidal shape with two periods during one orbit. The arithmetic mean is 0.05revs/day
smaller than the initial SGP4 MM. The maximum error is smaller than 0.3%. The reverse
SGP4 MM maximum error is smaller than 0.001revs/day, which corresponds to 0.007%.
It is fluctuating around the arithmetic mean during the orbit with a significant variation
upwards in the middle section. The arithmetic mean of reverse SGP4 MM is close to the
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Figure 5.7: Inclination 2h Simulation





























Figure 5.8: Mean Motion 2h Simulation
initial SGP4 MM.
Right Ascension of the Ascending Node: In figure 5.9, the RAAN is plotted over time.
The reverse SGP4 RAAN is a function decreasing over time. The Keplarian RAAN has the
shape of a curved falling line. The arithmetic mean of both are pretty close together but are
1◦ away from the initial SGP4 RAAN.
Mean Anomaly: In figure 5.10 the MA is plotted over time. The reverse SGP4 MA is a
straight line increasing over the time, and as the definition of the MA allows only values
between 0◦ and 360◦, it jumps after 4000s. The Keplerian MA increases also over time but
not in a strictly straight line. The jump is a few seconds later compared to the reverse SGP4
MA.
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Figure 5.9: Right Ascension of Ascending Node 2h Simulation






























Figure 5.10: Mean Anomaly 2h Simulation
Predicted Positions
In figure 5.11 and figure 5.12, the difference between the propagated position (based on the
first 15 calculated SGP4 Orbital Elements from the orbit determination) and the position
data from the UMT file is displayed. In table 5.3, the arithmetic mean and the standard
deviation of the difference in position is presented. There are two main observations to be
made concerning the results. First, the absolute distance between the propagated position
and the simulated position is oscillating and increasing from the middle to the end of the
orbit. The error after one orbit is around 1km. Second, the fluctuation and absolute dif-
ference in the X- and Y-axes are significantly bigger than in the Z-axis. It is interesting to
note that all three axes show a comparable oscillating behavior over time.
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Table 5.3: Arithmetic Mean and Standard Deviation for Propagated Positions 2h
ΔX ΔY ΔZ ΔR
Arithmetic mean [m] -201.15 383.64 145.28 547.05
Standard deviation [m] 345.53 167.50 81.05 251.95




















































Figure 5.11: XYZ Difference to Predicted Position 2h Simulation


















Figure 5.12: Absolute Difference to Predicted Position 2h Simulation
5.1.4 Discussion of the Results
Here are the results stated in one sentence: The implementation of the reverse SGP4 al-
gorithm into the orbit determination leads to higher accuracy in the position prediction. A
detailed discussion of each part is nevertheless of interest and follows below.
GPS Position
The GPS receiver calculates the position with high precision and high accuracy and for
NPSAT1 no further investigation of the receiver is necessary. The accuracy of the receiver
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is in the expected range which was also found in the literature. As the receiver is operating
at velocities of about 7kms−1 it was necessary to verify this again.
Orbital Elements
The calculated SGP4 Orbital Elements are significantly closer to the initial SGP4 Orbital
Elements than the Keplerian Orbital Elements at any time. Therefore, the propagation
with SGP4 of future positions becomes more accurate. The very fact that the MM is 40
times closer to the initial MM would vindicate the implementation of the reverse SGP4
algorithm. As mentioned in section 4.3.1, the MM needs to be calculated with a high
precision as small errors cause big position errors in the prediction. The difference in the
arithmetic mean between the Keplerian MM and the SGP4 MM explains the errors which
were measured in the [7, p. 26]. The oscillation of the Keplerian Elements was expected as
shown in section 4.3.1. However, some results of the experiment were different from what
was expected and need further investigation.
1. As the RAAN is constantly decreasing and the AOP is increasing over the same time
it would be interesting to determine the rate of change. Therefore, a new scenario
with a longer simulation time is needed.
2. The jump in the Keplerian MA is a few seconds later than in the reverse SGP4 MA
which can be explained by the lower Keplerian MM and the oscillating Keplerian
AOP. The MA is measured from the AOP.
As the reverse SGP4 is a numeric calculation and more optimized for a low computation
time than for a high precision, the values are more randomly fluctuating around the arith-
metic mean in contrast to the Keplerian Orbital Elements. The Keplerian Orbital Elements
are calculated with high precision and numeric errors are negligible, as all equations have
a closed solution.
Position Prediction
The propagated position has an error around 1km after one orbit, which is in the expected
range. The higher fluctuation of the X- and Y-axes could arise from the relative stable Z-
axis in ECI coordinates. Nevertheless, the results are pretty successful and support the idea
to propagate the position directly on NPSAT1 just on the basis of one position determina-
tion per orbit.
Limitations
It is important to remember that the scenario used as reference does not represent the true
orbit. It is only a SGP4 propagated scenario from initial Orbital Elements. Just the dif-
ference between two different propagators was measured and not the difference from the
true orbit. The connection to the true orbit can be drawn with the result from section 4.3.4.
These errors would be added in the worst case.
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5.2 Ten Hour Simulation
The ten hour simulation was the second step in the testing of the Navigation Solution.
5.2.1 Purpose
The next step in the development process of the Navigation Solution for NPSAT1 is a
long-term test run. The behavior of the RAAN and the AOP is investigated further as both
showed a significant trend over the 2-hour test period. The long-term test run is also a
comparison between the SGP4 from [22] (implemented in the STK9 and the basis of the
scenario) and the SSAG SGP4 version implemented in the Navigation Solution. In theory,
the difference between these two propagators should increase over time leading to a more
significant difference in the ten-hour test run compared to the two-hour test run.
5.2.2 Setup
The setup was similar to the setup mentioned in section 5.1.2. The scenario was changed
to a 10-hour scenario.
5.2.3 Results
The interesting results are presented in graphical form. The rest can be found in appendix
C. What becomes immediately apparent is the existence of outliers. From a statistical
point of view this is pretty common. With 30000 measured positions, the 6 outliers are not
really significant but the magnitude of the outliers cause problems. They influence all the
statistical values significantly.
GPS Position and Velocity
In figure 5.13 and figure 5.14, the differences between the measured GPS positions and the
simulated positions are presented as a function of time. The 6 outliers are easy to see as
they affect the scale of the graphic plot. Except for the outliers, the position and velocity
behaves like in the two-hour test. The statistical relevant data are presented in table 5.5 and
table 5.5. They differ a lot from the results of the two-hour test as the 6 outliers are big
anomalies. The 6 outliers differ by up to 25km, whereas the normal position fluctuation is
under 38m. The statistical relevant data with removed outliers are pretty close to the data
of the two-hour test.
Table 5.4: Arithmetic Mean and Standard Deviation for GPS Position 10h
ΔX ΔY ΔZ ΔR
Arithmetic Mean [m] -0.34 -0.32 -0.44 11.11
Standard Deviation [m] 55.47 152.53 21.55 163.35
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Table 5.5: Arithmetic Mean and Standard Deviation for GPS Velocity 10h
ΔVX ΔVY ΔVZ ΔVR
Arithmetic Mean [ms−1] 0.01 0.00 0.02 0.05
Standard Deviation [ms−1] 0.14 0.06 0.07 0.16
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Figure 5.13: Absolute Difference to GPS Measured Position 10h Simulation















Figure 5.14: Absolute Difference to GPS Measured Velocity 10h Simulation
Orbital Elements
The presented Orbital Elements are the AOP in figure 5.15, the RAAN in figure 5.16 and the
MM in figure 5.17. The AOP is increasing over time and the 6 outliers are also detectable
in the calculated AOP. After 3.5 hours one anomaly is significant as the difference to
an imaginary linear increasing function is about 2◦. The RAAN is decreasing over time
without anomalies and the Keplerian RAAN has the form of descending stairs, as already
mentioned in the two-hour test run. At the beginning of the test run the AOP and RAAN
have the initial values from the scenario. The expected rate of change from section 4.3.2
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for the AOP is 10.8◦ in a day and for the RAAN −6.2◦ in a day. The measured change
for the AOP is 11.5◦ in a day and for the RAAN −6.7◦ in a day. The Keplerian MM is




























Figure 5.15: Argument of Perigee 10h Simulation






























Figure 5.16: Right Ascension of Ascending Node 10h Simulation
oscillating around the arithmetic mean, far removed from the initial value of the scenario.
The mentioned six outliers also have an effect on the SGP4 MM, especially the one after
3.5h is easy to see and causes the biggest difference. The arithmetic mean of the SGP4
MM is also not exactly the initial value.
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Figure 5.17: Mean Motion 10h Simulation
Position Prediction
The difference between the predicted positions and the GPS measured positions increases
linearly with time. The particular coordinates are oscillating during every orbit. After
ten hours the position differences are about 6km. The important Orbital Element for the
position prediction, the MM, was averaged to a value of 14.499714revs/day. To get an
idea of the influence of this averaged value a short approximated calculation follows. The
difference between the initial MM and the calculated one is
Δn = ninitial− nˉ = 14.5revs/day−14.499714revs/day = 0.000286revs/day
One revolution around the Earth is approximately as a circuit
l = 2∗π ∗ r = 2∗π ∗ (6371km+720km) = 44554km (5.1)
The difference in the MM causes a difference in position of
Δn = 12.74km/day = 0.876km/orbit
This calculation shows that the resulting predicted position error caused by the error in the
calculated MM is in a similar range as the error in figure 5.19.
5.2.4 Discussion of the Results
One goal of this simulation was to investigate the behavior of the RAAN and AOP. The
measured rate of change was in the expected range. The long-term test showed also dif-
ferences between the predicted positions and the scenario positions, which increases over
time. As shown, it is likely that the MM is the origin of this difference. That leads to the
conclusion that the highest differences in the position prediction can be determined with the
highest difference in MM. For NPSAT1 this means it is necessary to make the prediction















































Figure 5.18: XYZ Difference to Predicted Position 10h Simulation
















Figure 5.19: Absolute Difference to Predicted Position 10h Simulation
is estimated under 5km24. In this case it makes sense to give a km/orbit or km/day value
as this specific position error is dominated by a linear effect25. If there are good reasons to
skip the prediction for a few orbits, incurring increasing errors, the range of the prediction
error can now be determined. The difference between the two different SGP4 propagators
was not significant.
One phenomenon, which appeared for the first time, is the existence of statistical outliers,
which is quite common when dealing with real measurements. The reason for the out-
liers could be manifold. The simulating computer could be overloaded by some updates
or other running processes, the physical GPS signal could be over-ridden or disturbed by
other signals or the simulator had an issue. The existence of outliers supports the process
of averaging the Orbital Elements to lower the influence of outliers, which can never be
completely avoided.
The long-term test run disclosed an opportunity to raise the accuracy of the positioning
24With a maximum error of 0.01% in the MM from figure 5.17 and equation 5.2.3
25The MM is in other words the velocity and a difference in velocity is per definition linear to time
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prediction based on the position within the orbit where the prediction is made. As the MM
is oscillating during an orbit, some time slots calculate the MM quite correctly. The record
of the position predictions after a few days with NPSAT1 in space should provide a clear
picture on which position in orbit a good prediction is possible and where the prediction
will be worse.
5.3 Live Time Scenario
The live time scenario was the third step in the testing of the Navigation Solution.
5.3.1 Purpose
The Navigation Solution for NPSAT1 needs to be tested under similar conditions as on
orbit. This also applies to software requests, orbit periods and error handling. The environ-
mental test under low temperature and pressure, high acceleration and different magnetic
conditions will be performed on the complete satellite at the end of the development pe-
riod. The aim of the live time scenario is to see the whole Navigation Solution in action.
The interesting variables are the altering position propagation, the computation time for the
position propagation and the magnetic field vector.
5.3.2 Setup
For the first time the system clock plays an important role as it is used in two ways. At
the beginning of the scenario, the system clock is set by the GPS module to the scenario
time. After that the system clock is used to measure computation times, is updated every
time the GPS module is started and is the reference for requests providing actual time.
The resolution of the system clock of 1s leads to the ignorance of all differences in the
measured values less than 1s in time or 7km in position. Statements about differences
below this threshold are simply not reasonable. The magnetic vector was first calculated
with all 12 available coefficient sets and in the second test run with 6 coefficient sets.
This change should lower the amount of computation time. The sequence of the live time
scenario included an orbit determination and position prediction every orbit.
5.3.3 Results
The computation time was measured with the system clock, therefore only full seconds
were counted. No error occurred during the scenario. In figure 5.20, the four position
predictions are plotted, starting at their calculation moment. The difference between the
simulated position and the predicted position is always under 7km. The rate of change
of the position difference is for propagation 1 (red), 2 (blue) and 4 (yellow) nearly the
same. Propagation 3 (green) loses accuracy much faster. In figure 5.21, the SGP4 mean
Orbital Elements are plotted over time. Only the last four sets of Orbital Elements were
used for the predictions. The third propagation has no significant difference in the Orbital
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Elements compared to the other ones although the resulting prediction is worse than the
others. All sets of Orbital Elements have a significant variance as the orbit determination
is done numerical.
















Figure 5.20: Absolute Difference to Predicted Position Live Time Simulation
The necessary computation time periods are listed in table 5.6. The calculation of the mag-
netic field vector needs much more time, in comparison to the SGP4 position prediction.
The WMM was used with order and degree 12. The number of data sets is the number
of calculated positions or magnetic field vectors. In table 5.7 the degree and order of the
WMM was lowered to 6. The necessary computation time was more than halved.
Table 5.6: Computation Time
Number of data sets Computation time Description
10000 30s Magnetic vector and position
10000 1s Position
30000 89s Magnetic vector and position
30000 2s Position
100000 297s Magnetic vector and position
100000 7s Position
Table 5.7: Computation Time with Reduced Degree and Order
Number of data sets Computation time Description
10000 12s Magnetic vector and position
30000 35s Magnetic vector and position
100000 116s Magnetic vector and position
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Figure 5.21: Orbital Elements Live Time Simulation
5.3.4 Discussion of the Results
For many reasons the magnetic field calculation takes up the majority of the computation
time. We already know that one position propagation on the original spacecraft computer
needs 1ms. On the simulation computer, the magnetic vector calculation, with all 12 co-
efficient sets, takes 45 times longer than the position propagation. With 6 coefficients, it
takes less than 20 times longer. A complete prediction for one orbit, lasting about 100
minutes, would need about 5 minutes with all 12 coefficients on the spacecraft computer.
As the satellite is resource limited, 5 minutes is much too long. Therefore, optimizing the
calculation is desirable and could include:
• Changing the number of coefficient sets used from 12 to 626.
• Optimizing the Code: For instance, the coefficient file is read every time the vector
is calculated, instead of storing the file in memory.
• Lowering the number of necessary calculations by increasing the step size from 1s
to about 30s. This, however, causes an increase of the error, as the same magnetic
field vector is used over 30 seconds.
The results of the position prediction are as expected. The errors in the position predictions
is less than 7km over the test period. The system clock causes errors in this range as
mentioned in section 3.1.3. Errors at the beginning of each prediction are a sign, that the
orbit determination was not done on a full second.




In its final version, the Navigation Solution for NPSAT1 is able to provide the satellite with
position, magnetic vector and time information at any moment on orbit. The requirements
on the position to be more accurate than 30km in accuracy are completely fulfilled. The
orbit determination is based on a GPS receiver and a reverse SGP4 algorithm. In case of a
failing GPS receiver, NORAD TLE sets are provided by the ground station. The position
prediction module is based on a SGP4 propagator and the magnetic vector is determined
with the WMM.
Several tests were made to identify the accuracy of the position prediction. The identified
error sources for the position prediction are:
GPS Position Determination: The mean error is less than 30m in the simulation.
Orbit Determination: The accuracy of the SGP4 mean Orbital Elements depends on the
position within the orbit and on the specific element. The most important mean
motion has a smaller error than 0.01% leading to an error of 15km in a day. The
orbit determination causes the majority of the error in the position prediction.
Accuracy of SGP4: The SGP4 predictions for the low Earth orbit of NPSAT1 will have
an error less than 30km in 5 days compared to the true orbit.
The WMM calculates the magnetic vector on base of the predicted positions. Meaning that
the position prediction error gives also the error of the magnetic field vector. The accuracy
of the WMM itself is lowered due to the limited computation power on NPSAT1.
The software design is based on three modules connected through interfaces. The three
modules are the orbit determination module, the position prediction module and the world
magnetic model module. The existing GPS positioning module was extended to the orbit
determination module and modified. The setting of an approximate time and position for
the GPS receiver was not used any more to improve the reliability. An error handler was
also added. The source code was re-factored to improve maintainability and to reduce
complexity. The re-factoring makes further work with the Navigation Solution much easier.
All implemented calculations are based on public sources and referenced.
6.1 Suggestions for Further Work
The development process of the Navigation Solution is not concluded yet. The coefficients
for the WMM must be updated in 2015 and a final testing using the C&DH software must
be done.
If one wants to raise the accuracy of the position prediction, further work could include the
implementation of a different orbit determination algorithm and a newer SGP4 propagator.
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The MATLAB files are all on the CD in the folder Analysis. One sample file is present
here.
c l e a r a l l ;
%r e a d umt f i l e d a t a t o m a t r i x
i m p o r t f i l e ( ’ NPSAT1_10Hz . umt ’ ) ;
umt_da ta = d a t a ( : , 1 : 6 ) ;
%r e a d r e c e i v e r ECEF f i l e d a t a t o m a t r i x
i m p o r t f i l e ( ’ ECEF_POS0 . log ’ ) ;
ECEF_pos= d a t a ( 1 : 5 7 0 0 , 1 : 3 ) ;
ECEF_pos ( 1 : 5 7 0 0 , 4 ) = round ( 1 0 ∗ ( ( ( s t r 2 d o u b l e ( t e x t d a t a ( 1 : 5 7 0 0 , 1 ) ) −8 )∗6 0
+( s t r 2 d o u b l e ( t e x t d a t a ( 1 : 5 7 0 0 , 2 ) ) ) ) ∗ 6 0 + s t r 2 d o u b l e ( t e x t d a t a ( 1 : 5 7 0 0 , 3 ) ) ) ) ;
%16 s e c o n d s t ime o f f s e t p l u s 1 b e c a u s e v e c t o r s t a r t s a t 1 and n o t 0
ECEF_pos ( : , 4 ) = ECEF_pos ( : , 4 ) + 1 6 1 ;
%r e a d r e c e i v e r ECEF v e l o c i t y f i l e d a t a t o m a t r i x
i m p o r t f i l e ( ’ ECEF_VEL0 . log ’ ) ;
ECEF_vel= d a t a ( 1 : 5 7 0 0 , 1 : 3 ) ;
ECEF_vel ( 1 : 5 7 0 0 , 4 ) = round ( 1 0 ∗ ( ( ( s t r 2 d o u b l e ( t e x t d a t a ( 1 : 5 7 0 0 , 1 ) ) −8 )∗6 0
+( s t r 2 d o u b l e ( t e x t d a t a ( 1 : 5 7 0 0 , 2 ) ) ) ) ∗ 6 0 + s t r 2 d o u b l e ( t e x t d a t a ( 1 : 5 7 0 0 , 3 ) ) ) ) ;
%16 s e c o n d s t ime o f f s e t p l u s 1 b e c a u s e v e c t o r s t a r t s a t 1 and n o t 0
ECEF_vel ( : , 4 ) = ECEF_vel ( : , 4 ) + 1 6 1 ;
d e l t a _ p o s = z e r o s ( 5 7 0 0 , 4 ) ;
d e l t a _ v e l = z e r o s ( 5 7 0 0 , 4 ) ;
f o r i =1:5700
%somet imes t h e t ime i s 1 /10 s beh ind b e c a u s e o f a r o u n d i n g e r r o r ,
%t h i s i s t h e c o r r e c t i o n f o r t h a t e r r o r
i f mod ( ECEF_pos ( i , 4 ) , 1 0 ) = = 0
ECEF_pos ( i , 4 ) = ECEF_pos ( i , 4 ) + 1 ;
end
%d e l t a p o s i t i o n
d e l t a _ X = umt_da ta ( ECEF_pos ( i , 4 ) , 1 ) −ECEF_pos ( i , 1 ) ;
d e l t a _ Y = umt_da ta ( ECEF_pos ( i , 4 ) , 2 ) −ECEF_pos ( i , 2 ) ;
d e l t a _ Z = umt_da ta ( ECEF_pos ( i , 4 ) , 3 ) −ECEF_pos ( i , 3 ) ;
d e l t a _ r = s q r t ( d e l t a _ X ^2+ d e l t a _ Y ^2+ d e l t a _ Z ^ 2 ) ;
d e l t a _ p o s ( i , : ) = [ de l ta_X , de l ta_Y , d e l t a _ Z , d e l t a _ r ] ;
%d e l t a v e l o c i t y
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d e l t a _ X = umt_da ta ( ECEF_vel ( i , 4 ) , 4 ) − ECEF_vel ( i , 1 ) ;
d e l t a _ Y = umt_da ta ( ECEF_vel ( i , 4 ) , 5 ) − ECEF_vel ( i , 2 ) ;
d e l t a _ Z = umt_da ta ( ECEF_vel ( i , 4 ) , 6 ) − ECEF_vel ( i , 3 ) ;
d e l t a _ r = s q r t ( d e l t a _ X ^2+ d e l t a _ Y ^2+ d e l t a _ Z ^ 2 ) ;
d e l t a _ v e l ( i , : ) = [ de l ta_X , de l ta_Y , d e l t a _ Z , d e l t a _ r ] ;
end
s _ r = s t d ( d e l t a _ p o s ) ;
s _ b a r _ r =mean ( d e l t a _ p o s ) ;
s_v= s t d ( d e l t a _ v e l ) ;
s _ b a r _ v =mean ( d e l t a _ v e l ) ;
f i g u r e ;
s u b p l o t ( 1 , 3 , 1 ) ;
p l o t ( ECEF_pos ( : , 4 ) / 1 0 , d e l t a _ p o s ( : , 1 ) , ’ . ’ ,
ECEF_pos ( : , 4 ) / 1 0 , s _ b a r _ r ( 1 ) , ’ red ’ ) ;
t i t l e ( ’ P o s i t i o n X’ , ’ Fon tS i ze ’ , 1 6 , ’ FontWeight ’ , ’ bold ’ )
x l a b e l ( ’ t ime t i n [ s ] ’ , ’ Fon tS i ze ’ , 1 4 )
y l a b e l ( ’ \ D e l t a X i n [m] ’ , ’ Fon tS i ze ’ , 1 4 )
s u b p l o t ( 1 , 3 , 2 ) ;
p l o t ( ECEF_pos ( : , 4 ) / 1 0 , d e l t a _ p o s ( : , 2 ) , ’ . ’ ,
ECEF_pos ( : , 4 ) / 1 0 , s _ b a r _ r ( 2 ) , ’ red ’ ) ;
t i t l e ( ’ P o s i t i o n Y’ , ’ Fon tS i ze ’ , 1 6 , ’ FontWeight ’ , ’ bold ’ )
x l a b e l ( ’ t ime t i n [ s ] ’ , ’ Fon tS i ze ’ , 1 4 )
y l a b e l ( ’ \ D e l t a Y i n [m] ’ , ’ Fon tS i ze ’ , 1 4 )
s u b p l o t ( 1 , 3 , 3 ) ;
p l o t ( ECEF_pos ( : , 4 ) / 1 0 , d e l t a _ p o s ( : , 3 ) , ’ . ’ ,
ECEF_pos ( : , 4 ) / 1 0 , s _ b a r _ r ( 3 ) , ’ red ’ ) ;
t i t l e ( ’ P o s i t i o n Z ’ , ’ Fon tS i ze ’ , 1 6 , ’ FontWeight ’ , ’ bold ’ )
x l a b e l ( ’ t ime t i n [ s ] ’ , ’ Fon tS i ze ’ , 1 4 )
y l a b e l ( ’ \ D e l t a Z i n [m] ’ , ’ Fon tS i ze ’ , 1 4 )
f i g u r e ;
p l o t ( ECEF_pos ( : , 4 ) / 1 0 , d e l t a _ p o s ( : , 4 ) , ’ . ’ ,
ECEF_pos ( : , 4 ) / 1 0 , s _ b a r _ r ( 4 ) , ’ red ’ ) ;
t i t l e ( ’ A b s o l u t e D i s t a n c e ’ , ’ Fon tS i ze ’ , 1 6 , ’ FontWeight ’ , ’ bold ’ )
x l a b e l ( ’ t ime t i n [ s ] ’ , ’ Fon tS i ze ’ , 1 4 )
y l a b e l ( ’ \ D e l t a R i n [m] ’ , ’ Fon tS i ze ’ , 1 4 )
f i g u r e ;
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s u b p l o t ( 1 , 3 , 1 ) ;
p l o t ( ECEF_vel ( : , 4 ) / 1 0 , d e l t a _ v e l ( : , 1 ) , ’ . ’ ,
ECEF_vel ( : , 4 ) / 1 0 , s _ b a r _ v ( 1 ) , ’ red ’ ) ;
t i t l e ( ’ V e l o c i t y X’ , ’ Fon tS i ze ’ , 1 6 , ’ FontWeight ’ , ’ bold ’ )
x l a b e l ( ’ t ime t i n [ s ] ’ , ’ Fon tS i ze ’ , 1 4 )
y l a b e l ( ’ \ D e l t a V_X i n [m/ s ] ’ , ’ Fon tS i ze ’ , 1 4 )
s u b p l o t ( 1 , 3 , 2 ) ;
p l o t ( ECEF_vel ( : , 4 ) / 1 0 , d e l t a _ v e l ( : , 2 ) , ’ . ’ ,
ECEF_vel ( : , 4 ) / 1 0 , s _ b a r _ v ( 2 ) , ’ red ’ ) ;
t i t l e ( ’ V e l o c i t y Y’ , ’ Fon tS i ze ’ , 1 6 , ’ FontWeight ’ , ’ bold ’ )
x l a b e l ( ’ t ime t i n [ s ] ’ , ’ Fon tS i ze ’ , 1 4 )
y l a b e l ( ’ \ D e l t a V_Y i n [m/ s ] ’ , ’ Fon tS i ze ’ , 1 4 )
s u b p l o t ( 1 , 3 , 3 ) ;
p l o t ( ECEF_vel ( : , 4 ) / 1 0 , d e l t a _ v e l ( : , 3 ) , ’ . ’ ,
ECEF_vel ( : , 4 ) / 1 0 , s _ b a r _ v ( 3 ) , ’ red ’ ) ;
t i t l e ( ’ V e l o c i t y Z ’ , ’ Fon tS i ze ’ , 1 6 , ’ FontWeight ’ , ’ bold ’ )
x l a b e l ( ’ t ime t i n [ s ] ’ , ’ Fon tS i ze ’ , 1 4 )
y l a b e l ( ’ \ D e l t a V_Z i n [m/ s ] ’ , ’ Fon tS i ze ’ , 1 4 )
f i g u r e ;
p l o t ( ECEF_vel ( : , 4 ) / 1 0 , d e l t a _ v e l ( : , 4 ) , ’ . ’ ,
ECEF_vel ( : , 4 ) / 1 0 , s _ b a r _ v ( 4 ) , ’ red ’ ) ;
t i t l e ( ’ A b s o l u t e V e l o c i t y ’ , ’ Fon tS i ze ’ , 1 6 , ’ FontWeight ’ , ’ bold ’ )
x l a b e l ( ’ t ime t i n [ s ] ’ , ’ Fon tS i ze ’ , 1 4 )




The used TLE from NORAD for Object 20763
1 20763U 90074B 14002.52094957 .00007606 00000−0 79526−3 0
4149
2 20763 024 .7609 161 .8730 0419602 118 .7504 299 .5739 14.39434046217521
1 20763U 90074B 14003.56363418 .00007441 00000−0 77725−3 0
4152
2 20763 024 .7613 155 .4705 0419473 129 .7455 302 .7634 14.39446155217671
1 20763U 90074B 14004.75531397 .00007571 00000−0 79098−3 0
4167
2 20763 024 .7612 148 .1518 0419403 142 .3157 358 .0974 14.39460489217840
1 20763U 90074B 14006.54749715 .00009020 00000−0 94924−3 0
4178
2 20763 024 .7622 137 .1484 0419083 161 .2058 285 .3909 14.39479849218105
The used TLE from NORAD for Object 22489
1 22489U 93009A 14001.49138477 .00000450 00000−0 75880−4 0
43
2 22489 024 .9645 166 .7169 0041558 323 .2761 076 .1991 14.44205575102755
1 22489U 93009A 14002.53056250 .00000523 00000−0 96515−4 0
57
2 22489 024 .9646 160 .3198 0041562 334 .0468 079 .2258 14.44206970102904
1 22489U 93009A 14003.79154284 .00000577 00000−0 11196−3 0
63
2 22489 024 .9649 152 .5571 0041646 347 .3603 155 .2378 14.44207657103087
1 22489U 93009A 14004.83089477 .00000567 00000−0 10925−3 0
79
2 22489 024 .9650 146 .1593 0041698 358 .2834 159 .0266 14.44208474103239
71
1 22489U 93009A 14006.54388209 .00000799 00000−0 17511−3 0
80
2 22489 024 .9652 135 .6148 0041758 016 .2911 065 .1762 14.44209280103485
1 22489U 93009A 14007.58409602 .00000824 00000−0 18207−3 0
99
2 22489 024 .9653 129 .2118 0041810 027 .2265 073 .4512 14.44210343103639
The used TLE from NORAD for Object 22490
1 22490U 93009B 14002.62056935 .00000435 00000−0 72116−4 0
3044
2 22490 024 .9693 150 .6420 0043109 341 .1590 110 .8171 14.43974689103020
1 22490U 93009B 14004.55343066 .00000466 00000−0 80821−4 0
3059
2 22490 024 .9696 138 .7479 0043209 001 .5305 078 .4435 14.43975370103307
1 22490U 93009B 14005.74120485 .00000482 00000−0 85620−4 0
3060
2 22490 024 .9698 131 .4398 0043261 014 .0168 132 .9062 14.43976532103474
1 22490U 93009B 14007.52729451 .00000750 00000−0 16191−3 0
3071
2 22490 024 .9701 120 .4502 0043328 032 .7503 057 .6679 14.43977902103736
The used TLE from NORAD for Object 22491
1 22491U 93009C 14001.63215072 .00000809 00000−0 14757−3 0
6745
2 22491 024 .9783 094 .1734 0049028 314 .6877 187 .1873 14.51773397107156
1 22491U 93009C 14003.55785711 .00000951 00000−0 18189−3 0
6752
2 22491 024 .9784 082 .1746 0049118 335 .1927 171 .7338 14.51777353107433
1 22491U 93009C 14004.58913265 .00001019 00000−0 19823−3 0
6766
2 22491 024 .9784 075 .7492 0049204 346 .1621 161 .6352 14.51778671107582
72
1 22491U 93009C 14006.21834623 .00001416 00000−0 29385−3 0
6774
2 22491 024 .9782 065 .5980 0049258 003 .5450 036 .5852 14.51780510107829
The used TLE from NORAD for Object 25504
1 25504U 98060A 14002.17210054 .00000461 00000−0 81295−4 0
6061
2 25504 024 .9970 348 .9166 0017617 028 .6906 063 .3364 14.43567028802352
1 25504U 98060A 14003.21446831 .00000501 00000−0 92792−4 0
6071
2 25504 024 .9969 342 .5089 0017615 039 .5252 080 .5017 14.43567997802505
1 25504U 98060A 14004.39317057 .00000476 00000−0 85559−4 0
6083
2 25504 024 .9967 335 .2634 0017619 051 .7219 086 .2537 14.43568583802671
1 25504U 98060A 14006.18698044 .00000607 00000−0 12372−3 0
6099
2 25504 024 .9965 324 .2366 0017621 070 .2848 048 .7436 14.43569428802935
1 25504U 98060A 14007.29600043 .00000689 00000−0 14750−3 0
6108
2 25504 024 .9963 317 .4190 0017613 081 .7608 052 .3598 14.43570581803094
The used TLE from NORAD for Object 25506
1 25506U 98060B 14002.15270906 .00000440 00000−0 71731−4 0
1485
2 25506 024 .9963 248 .8559 0023255 192 .2840 304 .5275 14.45540792803364
1 25506U 98060B 14003.86415079 .00000490 00000−0 85493−4 0
1492
2 25506 024 .9961 238 .3003 0023301 210 .5557 210 .5975 14.45541964803614
1 25506U 98060B 14004.98299063 .00000501 00000−0 88655−4 0
1507
2 25506 024 .9961 231 .3998 0023320 222 .5991 272 .7659 14.45542093803776
73
1 25506U 98060B 14006.01531826 .00000609 00000−0 11859−3 0
1510
2 25506 024 .9961 225 .0335 0023273 233 .6296 244 .8286 14.45542389803920
1 25506U 98060B 14007.58521646 .00000646 00000−0 12882−3 0
1521
2 25506 024 .9961 215 .3517 0023264 250 .4544 134 .2733 14.45543509804157
The used TLE from NORAD for Object 25791
1 25791U 99035A 14001.83247267 .00000386 00000−0 61424−4 0
6899
2 25791 024 .9833 230 .9111 0010543 074 .7793 010 .5975 14.42252959766191
1 25791U 99035A 14002.87419215 .00000461 00000−0 83577−4 0
6907
2 25791 024 .9833 224 .5194 0010454 085 .7099 019 .3440 14.42253994766344
1 25791U 99035A 14004.05632988 .00000504 00000−0 96641−4 0
6918
2 25791 024 .9832 217 .2660 0010383 098 .2008 037 .0790 14.42254485766510
1 25791U 99035A 14005.85182382 .00000512 00000−0 98984−4 0
6927
2 25791 024 .9831 206 .2507 0010345 116 .7607 359 .8126 14.42255617766770
1 25791U 99035A 14006.96193412 .00000695 00000−0 15333−3 0
6935
2 25791 024 .9831 199 .4404 0010293 128 .1359 003 .9351 14.42255725766937
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Table B.1: Results for all Objects
NORAD R[km] Time[hour] ΔR [km]













































Results 10 Hour Test Run
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Figure C.1: Eccentricity 10h Simulation
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Figure C.2: Inclination 10h Simulation






























Figure C.3: Mean Anomaly 10h Simulation
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APPENDIX D:
Source Code of Navigation Solution




NPSAT1’s distance from center of the Earth is around 7100km.
Figure E.1: Overview about Perturbations [11, p. 55]
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APPENDIX F:
Elements of the Magnetic Field Vector
Table F.1: Ranges of Magnetic Elements at Earth’s Surface
Element Name Min Max Unit Positive Sense
X North component −17000 42000 nT North
Y East component −18000 17000 nT East
Z Down component −67000 61000 nT Down
H Horizontal component 0 42000 nT
F Total intensity 22000 67000 nT
I Inclination −90 90 Down




The file is on the CD in the folder Log Files Error
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